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PREFACE 
Justification of this simultaneous mission approach is based, in part, 
on an assumed communications advantage when using the orbiter to 
relay data from the lander to Earth. The total data accrual capability 
af this approach is thought necessary to support the many high-data- 
rate experiments proposed for surface exploration of Mars. 
Philip Eckman of the Advanced Missions Staff provided the initial 
and continued drive for this study. Without his help, direction, and 
support, this study would have been impossible. Discussions with 
Lloyd Nalaboff of the Telecommunications Division have added much 
to the preparation of Section 3. Also, special mention goes to Thomas 
Hamilton, Systems Analysis Section Manager, who helped this report 
over some rough spots. 
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ABSTRACT 
- w  
This report analyzes advanced planetary missions using a Saturn I B  
and simultaneous orbiting and landing spacecraft. An analysis of the 
relative data return capability of two alternate modes is given. One 
mode (named the relay link) uses transmission of the lander produced 
data to a planetary relay communications satellite, then transmission 
to the Earth; the other (named the direct link) uses transmission 
directly from the lander to the Earth. Numerical results are given for 
sample advanced planetary missions to Mars. 
1. INTRODUCTION 
Eventually, an advanced planetary program will try 
highly sophisticated experiments to find out the esoteric 
characteristics of the Martian surface. These experiments 
can be described by their support requirements and, for 
this study specifically, their data gathering potential. A 
basic premise of this study is that there will be require- 
ments for the collection of much data (perhaps IO9 to 1 O 1 O  
bits) over a relatively long time (6 mo). Once this premise 
is set, it is necessary to study the feasibility of systems 
that might be used to return these data to Earth. 
Two such systems proposed are the direct link (where 
the data is transmitted from the surface of Mars directly 
to Earth) and the relay link (where the data is sent from 
the landed capsule to an orbiting spacecraft and then to 
Earth). 
To compare these two system approaches, this study 
uses three standards: (1) a measure of the effective data- 
rate capability of each system, (2) a measure of the 
probability that each system will survive to perform its 
intended mission, and (3) a combination of items (1) and 
(2) that gives a measure of the average amount of data to 
be expected from each system approach. The first stand- 
ard, effective data-rate capability, demands a knowledge 
of the bit rate at which each system can operate and the 
NO. 33-228 
time available for communications at that bit rate. The 
second standard, success probability, calls for postulating 
a mission sequence with the functions and hardware 
needed to successfully perform the mission sequence. 
Evaluation of these standards calls for geometric analyses 
of lander-orbiter and lander-Earth view times and ranges, 
comparison of potential designs of telecommunications 
systems to bring about transmission, and reliability analy- 
ses of the representative systems and subsystems to cany 
out the stated objectives. 
I . I  Outline of Problem 
1.1.1 Basis of Comparison 
The following paragraphs outline the problem in terms 
of the mathematical parameters chosen for the system 
comparisons. 
1 .I .I .I Zmtuntuneoup bit rate. The instantaneous bit 
rate is defined as the actual mechanical (or electrical) 
bit rate at which the system operates when communica- 
tions are being carried out. For this study, instantaneous 
bit rate is thought to be dependent on two basic factors: 
(1) the geometric characteristic, range; and (2) the per- 
formance of the telecommunications systems that support 
1 
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a bit rate at a given range. The gain needed from the 
telecommunications system is expressed as a function of 
range and desired bit rate in Section 3, and the range 
characteristics for the direct and relay link are derived in 
Section 4. 
There are bit rates characteristic of each of the two 
systems, one bit rate for the direct link, and two bit rates 
for the relay system corresponding to the lander-orbiter 
and orbiter-Earth legs of the link. It may be desirable to 
choose several levels of operation for the Mars-to-Earth 
leg of either link because of the change in the Mars-Earth 
range over the mission life. 
Instantaneous bit rate is not a valid comparison param- 
eter for a mechanization that includes storage capability 
because the instantaneous bit rate does not directly relate 
to the overall long-term system cumulative information 
capability. It is used only as a stepping stone to more 
representative comparison functions. 
1 .I .1.2 Efectiue bit rate. Because neither the direct 
link nor the relay link system can transmit data when 
occulted by Mars, the instantaneous bit rate that the sys- 
tem is capable of supporting is not enough to describe the 
long-term total bit capability of either system. To deter- 
mine the total bits received at Earth, the instantaneous 
bit rate must be multiplied by the time that communica- 
tions are being carried out. If this total number of bits is 
regarded as the product of some average bit rate times 
the total time elapsed, then this average might be termed 
the effective bit rate. Therefore, the effective bit rate is 
defined as the rate at which a hypothetical system would 
have to continuously broadcast to accumulate the same 
data as the real system. 
If storage is provided to keep the data being collected 
during the times when there is no visibility, the com- 
munications link may be operated at full instantaneous 
bit rate when possible and so transfer the most informa- 
tion. The idea of effective bit rate relies on the provision 
of enough storage. Effective bit rate is defined as: 
. .  
I ,  = I i  v 
where ii is the instantaneous bit rate and v is the frac- 
tional viewing time. Note, there are three effective bit 
rates defined: one for the direct link, and two for the 
relay link. By a continuity condition (ie., finite storage), 
the two effective bit rates for the relay link are really 
only one (see Section 6.1.4). 
1.1.1.3 Viewing fraction. The average fraction of time 
two stations are intervisible is a main factor in the cal- 
culation of the effective information rate i,. As with ii, 
there are three pertinent viewing fractions in this prob- 
lem: that for the lander-orbiter link, the orbiter-Earth 
viewing fractions are, in general, less than unity because 
the line of sight between the two bodies of interest is 
interrupted by the planet Mars. The viewing fraction 
is discussed more thoroughly in Section 4.1.3.2 where 
methods for its calculation are given. 
' 
link, and the lander-Earth link. In these applications the 1 
1 
1.1.1.4 Reliability function. Reliability functions are 
produced for all components that have a typical direct 
link and relay link mission. The reliability functions are 
either discrete, where a component is estimated to per- 
form satisfactorily with some probability that is inde- 
pendent of time, or time-dependent, where a component 
is estimated to have some constant failure rate and fail- 
ures occur randomly with time. 
The reliability functions are then combined as the 
mission requirements dictate so that conclusions about 
the absolute and relative reliabilities of the direct link 
and relay link missions can be drawn. 
Because the short and long term survivability of the 
equipment used in the two mission approaches may be 
different, parameters reflecting this difference are in- 
cluded in the reliability analysis. The inclusion of these 
degrees of freedom allows measuring the relative effects 
of the complexity of the hardware used for each of the 
approaches. Also, the sensitivity of each approach to 
various reliability levels is assessed. 
1 .I .1.5 Expected cumulative bits. The average amount 
of information that can be expected from the direct link 
and the relay link missions is defined as the expected 
cumulative bits. This parameter is a measure of the degra- 
dation in data gathering potential due to the unrelia- 
bility of each mission approach and is shown to be a 
function of the mission reliability function, the effective 
bit rate, and the length of the surface operation by the 
following relationship: 
I ( T )  = i, 1; R ( t )  dt 
where t,, is the start of data accumulation mission and T 
is its termination. 
- 
The behavior of this integral as a function of T is of 
interest because one may identify T directly as the length 
2 
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of the mission. Therefore, one may answer the question: 
“How much data can I expect over a mission of time T?” 
and get the answer for all T from zero to infinity. If the 
expected cumulative data rises rapidly to its asymptotic 
value, this system of data retrieval may be more desirable 
than one that exhibits a slow rise. A judgment on the 
relative value of early and late bits is needed to assess 
which behavior is more desirable. 
1.1.2 Alternate Mission Modes 
1.1.2.1 Relay satellite orbit selection. Two classes of 
orbits are considered for the relay link mission. These 
classes are: (1) favorable communication orbits and (2) 
orbits that are selected for scientific experiments (or 
might be characteristic of partial orbit insertion failures). 
The communications orbit is chosen mainly to maximize 
the amount of data obtained from the lander, giving an 
upper bound on the relay link approach. A variation in 
the orbit affects two of the comparison parameters: the 
viewing fraction and the range. Section 4 shows the be- 
havior of these parameters as a function of the selected 
orbit. The science orbit parameters are chosen to try and 
satisfy some orbit science constraints as well as to maxi- 
mize lander data transmittal. By showing the relay data 
characteristics of the two types of orbits, the penalty paid 
in lander data to get lander and orbiter science data 
simultaneously can be assessed. Also, either of these 
data rate numbers to the direct link data rate may be 
compared. 
1.1.2.2 Data requirements. The amount of data to be 
sent back to Earth and the time to do so fixes the needed 
rate of data transmission. As will be seen later, the as- 
sumption of 10’0 bits calls for large antennas and high- 
power transmitters. The effect of relaxing this requirement 
to lo9 bits or lower is qualitatively studied in Section 6.1.1. 
I .2 Limitations of Approach 
1.2.1 View Fraction Calculations 
The major mathematical limitations of the approach 
are due to the averaging process used in calculating the 
viewing fraction u. Because the averaging process is used 
only in calculating the lander-orbiter viewing param- 
eters, the limitations mainly apply to the relay link. 
This model does not have the ability to represent 
adaptivity of the mission sequence, (i.e., a change of scien- 
tific experiments) or a change in instantaneous bit rate 
because of unforeseen circumstances. In this approach, 
the averaging is performed before the calculation of the 
system behavior rather than computing an average as a 
result of many outcomes. Therefore, an increase or de- 
crease in effective bit rate caused by a nonplanned cir- 
cumstance (i.e., a n  adaptive policy) has not been 
represented. 
Because the viewing fraction does not converge to the 
actual percentage view time for several days, short mis- 
sions are not accurately represented. However, under 
most circumstances, the value of u is quite well behaved 
and it is felt that this approach is representative of mis- 
sions that are more than a week long. 
Furthermore, it is possible to set a favorable first phas- 
ing between the lander and the orbiter by a wise choice 
of injection geometry. Thus, the early part of the mission 
may involve partial view fractions, which are greater than 
the average; therefore, the value of u calculated here 
would be pessimistic for short missions. 
The actual storage needed to support a given effective 
bit rate is a function of the input rate (the effective bit rate) 
and the sequence of view and nonview times. In general, 
the process that produces the length of the view times acts 
as an infinite memory Markov source; therefore, in theory, 
the whole history of the process is needed to properly 
size the memory to avoid any loss of lander data. The 
averaging process allows only a calculation of the average 
length of view time (or average time between views). In 
general, for a nondegenerate process (passes of differing 
lengths), this parameter is not sufficient to give any in- 
formation on the needed size of the storage unit. Thus, a 
simulation of the ephemeris is necessary for this type of 
calculation. Section 6.2.3 shows some actual storage re- 
quirement calculations using the first 10 days of the orbit 
as a basis of estimation. 
1.2.2 Reliability Calculations 
Because the basic tool of the reliability model is the 
assumption of random failures, no wear-out or infant 
mortality phenomena are simulated. This assumption may 
be particularly restrictive for the steering mechanism of 
the lander high-gain antenna. 
Because the reliability analysis is also done on an 
averaging basis, no failure distributions are available. 
This approach was adopted instead of a direct simulation 
because the orbit view time calculations were done on an 
average basis. The computer time needed for a direct 
simulation of the mission is too prohibitive to make it 
attractive as a study tool here. 
3 
JPL TECHNICAL MEMORANDUM NO. 33-228 
A rather gross limitation in the reliability approach 
adopted is the inherent low confidence in the model itself. 
Because there are no actual designs or design data avail- 
able for the prediction of system reliability, the model 
has been constructed as an extension of existing hardware 
into the needed functions. It is most likely that the hard- 
ware cannot be made to operate in the mode needed by 
the functional sequence, but perhaps there is no better 
estimate available. For example, none of the existing 
subsystems are designed to withstand sterilization, yet 
all the lander subsystems are assumed sterilizable. Also, 
the survivability of the present day subsystem has not 
been proved to the potential shock levels to be encoun- 
tered at landing. In general, a note of caution must be 
adopted when dealing with the reliability figures pro- 
duced in this report. Their main function is to provide 
an equivalent basis for comparing the two system ap- 
proaches. It is hoped that any failure to represent reality 
is equal for both the direct and relay links. 
There is one area where this assertion is not valid and 
should be reemphasized. The Mars surface environment 
certainly has a differing effect on the two approaches. If 
there is great uncertainty in the surface slope, the strength 
of the surface winds, and similar surface parameters, the 
direct link is much more at their mercy than is the relay 
link. One can say that the comparison is between the 
uncertainty in the direct link high-gain antenna environ- 
ment and the complexity of the relay link equipment. 
Because of this, the confidence in the direct link analysis 
will be low until the surface and atmospheric data are 
2. ASSUMPTIONS 
2.1 Applicable to Both Direct and Relay Links 
2.1.1 Science and Engineering Mission Support 
It is assumed that, eventually, in the Mars exploration 
program, a primary mission objective will be recovery of 
large amounts bits total) of Mars surface data from 
a landed spacecraft for 6 mo. This same basic mission 
objective is assumed for either data recovery approach. 
For the relay link approach, the spacecraft orbit is chosen 
mainly to support the relay communications function. 
Also, it is assumed that there are no scientific experiments 
that need the simultaneous operation of an orbiter and a 
lander. Because there is no scientific payload specified 
now that does need simultaneous operation, this assump- 
tion does not appear particularly restrictive. 
made available. Once there is a good estimate of what 
is there, even though the data shows an unfavorable 
environment, there is a much better chance of designing 
equipment that can survive with a high level of confi- 
dence. 
I 
Therefore, one must evaluate the direct link reliability 
results because a surface suitability of 0.9 means we are 
0.9 sure that the surface is suitable as far as the design 
goes, not that the system is 0.9 reliable operating on the 
surface. Contrast this with the relay system failure rate 
that says there is a 0.9 probability that the satellite station 
will last through the needed time. For the lander, either 
the surface is suitable or it is not. If not, every lander that 
we send will fail with 1.0 probability. If the surface is 
suitable, no degradation will be suffered. A 0.9 proba- 
bility of surface suitability merely represents an estimate 
of the ratio of favorable to unfavorable cases. This in- 
equity in comparisons will persist until further definition 
of the Mars lower atmosphere and surface environment. 
Now, one can only qualitatively say that there is a larger 
uncertainty associated with the direct link approach than 
in the relay link approach. 
1.2.3 Cost 
There is one more important parameter that has not 
been included in the comparison, yet needs mentioning: 
the cost of the two system approaches. This comparison 
can be made without dependence on the remainder of 
this report. 
AND CONSTRAINTS 
2.1.2 Equipment State of the Art 
To make reliability analyses of both communications 
schemes on an equivalent basis, it is assumed that both 
systems need the same equipment state of the art. Be- 
cause the assumed mission is in the 1975-1977 period 
(see Section 2.1.7), equipment may be considered to be 
1970 state of the art. 
2.1.3 Launching Vehicle 
This study has not been restricted to only those tra- 
jectories or satellite orbits peculiar to a particular launch- 
ing vehicle. It is assumed that the launching vehicle has 
enough injection energy to deliver either a direct lander 
or a combination lander-orbiter in the 1975 or 1977 launch 
times with equivalent injection success probabilities. 
4 
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Year 
2.1.4 Environment 
To compare the reliabilities of the two systems on an 
equivalent basis, it is assumed that both systems are 
properly designed to withstand the fabrication, test, in- 
jection, and transit environments; and that these phases 
of the program affect the reliabilities of the two systems 
equally. Note that this includes lander sterilization. But, 
the surface environment is assumed to affect the two 
landers unequally as discussed in Section 6.1.2. 
Minimum 
orbit 
without 
plane 
change, 
d.s 
Earth-Mars Earth-MarrSun 
Flight mnge angle at 
encounter encounter time, - km dyl 
2.1.5 Lander Descent Data 
Because this study is mainly concerned with the re- 
covery of data from long-term, high-data-rate surface 
experiments, neither system has been constrained to get 
lander descent data. 
- 
1975 378 376 X 10' 10.5 19 
1977 340 339 x lo* 2 1.5 2.8 
2.1.6 Landing Site 
Some of the interesting features on the surface of Mars 
are the dark areas lying between 10"N latitude and 30"s 
latitude. For calculations it is assumed that a landing 
site at.+lOo latitude has been selected. 
2.1.7 Trajectory Geometry 
The trajectory geometry is chosen to be characteristic 
of 1975 and 1977 opportunities. This does not mean to 
imply that such a mission would actually be undertaken 
during these years, but rather is simply to cite two typical 
opportunities. Range safety restrictions normally limit 
the lawch azimuth to 90 to 114 deg; this limitation 
eliminates all Type I trajectories for both 1975 and 1977. 
However, if it were possible to obtain a waiver to use 
north-east launch azimuths up to 45 deg, then both 1975 
and 1977 Type I trajectories would be available. 
The Mars approach geometry characteristics of the 
1975 and 1977 trajectories result in minimum inclination 
orbits (with no injection plane change) in the range of 
3 to 20 deg. 
Nominal transfer trajectories are assumed correspond- 
ing to minimum hyperbolic excess energy at Earth. It 
seems likely that a launch time for either the 1975 or 
1977 opportunities would be approximately centered 
about these trajectories. 
Table 1 summarizes the characteristics of 1975 and 
1977 Type I1 minimum launch energy transit trajectories. 
Table 1. Characteristics of 1975-1977 Type I1 
minimum energy trajectories 
2.1.9 Communications Backup Mode 
Engineering diagnostic telemetry is assumed to be 
carried on a low-bit-rate direct link on both the relay 
and the direct landers. This link is not dependent on 
orientation of the capsule or survival of the orbiting 
spacecraft, so the probability of recovering failure data 
from either approach will be considered identical. This 
backup link for the later mission is assumed to be the 
low-data-rate FSK (frequency shift keyed) system devel- 
oped for earlier Voyager missions. 
I;. 1 .lo Sterilization 
As mentioned in Section 2.1.4, it is assumed that both 
approaches use a completely sterile lander. The direct 
link bus and the relay link orbiter, however, are assumed 
to be unsterilized. 
2.1.11 Storage Requirements 
For analytic simplicity, it is assumed that enough stor- 
age is available to make efficient use of the bit-rate 
capability of either the direct or relay link approach. 
Storage requirements for each approach are shown for 
typical systems in Section 6.2.3. 
2.1.12 Deep Space Network Capabilities 
It is assumed that all Deep Space Network stations are 
equipped with 210-ft-diameter antennas and are continu- 
ously available to receive data from either a lander or an 
orbiter. 
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2.2 Direct Link 
2.2.1 Transmission System 
Because of potential ionization breakdown problems 
in the Mars atmosphere, it is assumed that transmitter 
power is limited to 20 to 50 w. It will be shown (Section 3) 
that this power constraint makes necessary a very high- 
gain antenna because of the data requirements and 
ranges involved. This direct consequence of the power 
limitation assumption is fundamental to the whole analy- 
sis of this rcport. 
2.2.2 Prime Data Link 
For reliability calculations, it is assumed that the prime 
high-data-rate link from the lander to Earth is a coherent 
S-band link. 
2.3 Relay Link 
2.3.1 Lander Radio System 
The relay link will incorporate different radio equip- 
ment showing the best approach to the solution of the 
relay problem. This equipment may operate on a VHF 
band, and may have solid-state components only. I 
2.3.2 Antennas 
It is assumed that the lander antenna is erected to the 
local vertical and that its pattern is symmetric about 
the local vertical. It is also assumed that the orbiter has a 
local vertical tracking antenna to receive the lander signals 
and a large high-gain antenna to return the data to Earth. 
2.3.3 Orbit Considerations 
It is assumed that the orbiter will not be sterilized; 
therefore, all orbits considered must satisfy the 50-yr non- 
contamination constraint. This limits the lowest orbital 
altitude to the range of 20o0 to 5000 km and places a lower 
bound on the lander-orbiter communication distances. 
The largest single difference between the direct link It is also assumed that proper orbiter operation is not 
lander and the relay link lander is in the communications dependent on continuous onboard tracking of the various 
equipment. Differences in the equipment used to support reference bodies. Therefore, one or more of the references 
the two links, such as power and temperature control, can be occulted without interrupting Earth-orbiter 
are considered secondary for this analysis. communications. 
3. TELECOMMUNICATIONS 
The telecommunications problems divide into three 
parts, each.part corresponding to one of the legs of the 
data retrieval schemes under consideration. Each of 
the links has particular design requirements that are 
quite distinct. In the relay link, data is transmitted to the 
satellite when a receiver on the ground detects a beacon 
from the satellite. This data is stored on the orbiting 
spacecraft and then relayed to Earth by  an S-band trans- 
mitter and a high-gain antenna. In the direct link, a 
high-gain steerable antenna on the ground tracks the 
Earth and transmits on Earth command when the Earth 
is in view. 
The telecommunications parameters given in this SCT- 
tion are wholly based on those derived in Ref. 1. 
3. I Lander-Orbiter Communications 
3.1.1 Radio System 
3.1.1.1 Lander transmitter. Optimization studies show 
that a high-reliability, low-weight transmitter for the 
power range under consideration (- 10 w) would, most 
likely, be solid state operating in the 200 Mc frequency 
band. 
3.1 .I .2 Orbiter receiver. Hecause the lander-to-orbiter 
communications are started by command, the orbiter has 
a radio beacon that operates continuously. When the 
lander receives the beacon signal it starts to transmit to 
the orbiter. The orbiter then automatically acquires the 
lander carrier, and goes on to detect and store the lander 
data. Because rapid automatic acquisition is needed, a 
wide bandwidth receiver is necessary. The data rate 
from the lander to the orbitcr is an order of magnitude 
highcr than the data rate from the orbiter to the Earth; 
therefore, a storage device on the orbiting spacecraft is 
needed. 
3.1 .I .3 Radio system parameters. Table 2 lists the per- 
tinent parameters of the lander-orbiter radio link. The 
parameters are based on VHF link with enough band- 
width to allow acquisition with the doppler shift because 
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Table 2. lander-to-orbiter communication parameters 
Parameter 
Transmitting circuit loss 
(Total losses between transmitter 
and antenna terminals. Includes 
lasses mentioned in antenna 
discussion.) 
Transmitting antenna gain 
Transmitting antenna painting lass 
Transmitter frequency 
Polarization lass 
Axial ratio transmitter = 10 db 
Axial ratio receiver = 5 db 
Receiving antenna gain 
Receiving antenna pointing lass 
Receiving circuit loss 
Receiver noise spectral density 
Carrier automatic phase control 
noise bandwidth 
Required carrier signal-to-noise ratio 
Required data ST/N B' 
in 2 8 ~ 0  far data transmission 
P* = 5 x 10-8 
1.5 db RF losses, 0.5 db 
miscellaneous losses) 
Total transmitter power 
Value 
0.5 db 
Variable 
Variable 
200 Mc 
1.5 db 
Variable 
Variable 
0.8 db 
-169 
dbmlcps 
75 cps 
6.0 db 
7.2 db 
Variable 
Tolerance 
5 0.2 db 
2 2.0 db 
* 1.0 db 
5 1.2 db 
5 1.0 db 
2 1.0 db 
* 0.2 db 
* 1.0 db 
2 7.5 cps 
+ 0.5 
- 0.0 dl 
31 1.0 db 
.Signal power per bit divided by noise power per unit bandwidth. 
- 
:ammen 
5 db 
noise 
figure 
of the radial motion of the orbiter about the lander. The 
90% probability acquisition time is approximately 20 sec 
for the parameters chosen. 
3.1 .I -4 Lander-orbiter bit rate us power-gain product. 
Figure 1 shows the bit rates possible using the system 
parameters of Table 2. The bit rates are given as a func- 
tion of power-gain product and lander-orbiter range. 
Note the low power-gain products give slightly less bit 
rate than the usual linear relationship. This is due be- 
cause optimum modulation index needs more power in 
the carrier at low-bit-rates, lowering the availabie power 
for the data. 
3.1.2 Antenna System 
3.1.2.1 Lander transmitting antenna. Several types of 
antennas are available for use as a lander transmitting 
antenna. Typically, the antenna will be a simple turn- 
stile over a ground plane, helix, or crossed slot of low to 
medium gain and relatively wide beamwidth. The actual 
choice of beam pattern is dictated by the choice of the 
orbit, landing site, the orbiter antenna pattern, and (most 
important) physical constraints such as size and rugged- 
ness. The relative data retrieval capabilities of several 
beam patterns are discussed in Section 6.2.1. 
The most efficient antenna system is one that produces 
a constant signal level at the input to the receiver 
throughout the time of communications. This implies 
that the antenna system should have gains proportional 
to the square of the range. Although this is generally not 
physically feasible, the combined shaping of the lander 
transmitting and the orbiter receiving antenna gives 
enough degree of flexibility so the lander-orbiter antenna 
system may be made quite efficient. 
3.1.2.2 Orbiter receiuing antenna. The orbiter receiv- 
ing antenna is located on the planetary horizontal plat- 
form (PHP) and, therefore, is oriented to the local vertical 
at all times. Because the orbits are relatively high, and 
because the lander-orbiter transmission does not occur 
down to the horizon, it is possible to make the orbiter 
antenna somewhat directional. The pattern chosen for 
the orbiter is cosine-squared, operating between highest 
off axis limits of 35 deg. The theoretical on-axis gain of 
the antenna is 7.7 db. Note, a polarization loss of 1.5 db 
(Table 2) is incorporated into the bit rates of Fig. 1. 
3.2 Orbiter-€ urth Communications 
3.2.1 Radio System 
The orbiter-Earth leg of the relay link communications 
can be mechanized using the techniques developed in 
the Mariner series spacecraft. The system will operate at 
S-band with power levels on the order of 35 w needed 
to give the desired bit rates. Table 3 lists the radio system 
parameters, and Table 4 lists the receiving station param- 
eters of the 210-ft-diameter ground antenna. 
Table 3. High-gain antenna orbiter and direct 
communication parameters 
Item 
Total transmitter power, db 
Transmitting circuit loss, db 
Transmitting antenna gain, db 
Transmitting antenna pointing lass, db 
Antenna axial ratio, db 
Frequency, Mc 
Value 
~ 
Variable 
2.5 
36.7 
0.5 
1 .o 
2295 
Tolerance 
* 1.0 
5 0.5 
2 1.0 
* 0.5 
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IO' 
E 
1 
0 
2 
w I O  
d 
IO 
lo3 
lo* INFORMATION RATE, bits/sec 
IO 
Fia. 1. Information rate vs lander-to-orbiter range for various power-gain products 
Table 4. Orbiter-to-Earth deep space instrumentation facility parameters 
Item 
tandard deep space 
station 
05-ft antenna 
low noise listen 
station 
210-ft antenna 
station station 
85-ft antenna 21 0-ft  antenna Item 
I 
Tolerance Value Tolerance Value 
10 
- 
12 
6.0 
* 7.2 
- 
Value Tolerance Value 'olerance 
Antenno goin, db 53.0 
0.75 
0.1 8 
16 
18 
+ 1.0 
- 0.5 
2 0.25 
* 0.05 
- + 3  
k 3  
61 .O 
0.5 
0.02 
10 
18 
rransmitter noise contribution, 
O K  
Carrier automatic phase contro' 
noise bandwidth, cps 
Required carrier signal-to-noise 
ratio in  2 6 ~ 0 ,  db  
(for data reception) 
Required data ST/N B', db 
1.5 d b  RF losses) 
(p' = 5 X includes 
2 3  
$ 0.79 12 + 0.79 
- 0.97 - 0.97 
2 1.0 
+ 0.01 
2 2  
k 3  
Axial rotio, db  
Feed line loss to low noise 
amplifier, db  
(Includes diplexer loss) 
Antenna temperature, O K  
(zenith) 
Maser temperoture excess/ 
second stage, O K  
$ 0 . 5  12:; 1 $ 0 . 5  
- 0.0 - 0.0 
"Signal power per bit divided by noise power per unit bondwidth. 
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I- 
IO2 
IO3 INFORMATION 
io4 io5 
RATE, bitdsec 
Fig. 2. Information rate vs range with 210-ft-diameter ground antenna 
3.2.2 Orbiter Transmitting Antenna 
The orbiter transmitting antenna is a 12.5-ft-diameter 
parabolic dish that is Earth-oriented by an active radio 
tracking loop. The on-axis gain is 36.7 db, and the max- 
imum pointing loss is 0.5 db. 
3.2.3 Bit Rate as a Function of Power-Gain Product 
and Range 
Figure 2 shows the power-gain ,product needed to 
transmit at a desired bit rate over a given range. Note 
the Earth-Mars range is approximately 350 million km 
for Type I1 arrivals. The needed power-gain product at 
this distance for a bit rate of 3300 bits/sec is 80 dbm. 
3.3 Lander-hrth Communications 
3.3.1 Radio System 
Because the direct link system must operate over the 
same range at approximately the same data rate, the 
radio system is similar to the orbiter radio system. How- 
ever, to get a data rate matching that of the orbiter, 
it is necessary to operate at higher power. The basic unit 
will operate at S-band and Table 3 displays representa- 
tive parameters. 
3.3.2 Bit Rate vs Power-Gain Product 
Because the basic system parameters are assumed to 
be similar, Fig. 2 may be used to calculate the needed 
power-gain product as a function of desired bit rate and 
transmission range. 
3.3.3 Antenna System 
It is assumed that the antenna structure used on the 
orbiter may also be used in some form for the lander. 
Coarse acquisition of the Earth may be made using geo- 
metric information such as the position of the Sun. Note 
that, for the 1975 arrival, the angle between the Earth 
and the Sun is quite small (10 deg), making it relatively 
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simple to locate the Earth. The fine acquisition and track- 
ing can be done using the same R F  pointing system that 
would be developed for the orbiter. 
3.4 Backup Communications 
In either the relay link or direct link, there will be a 
relatively low-data-rate backup system that transmits 
directly to the Earth. A separate antenna system will be 
used for this transmitter; therefore, the retrieval of the 
failure and diagnostic data can be made independent of 
the working of the high-gain antenna in the direct link 
or the orbiting relay satellite in the relay link. It is quite 
likely that this direct link system will be the system de- 
veloped for the earlier Voyager missions. If so, it may use 
frequency shift keying as a data modulation technique. 
4. RANGE AND VIEWING CHARACTERISTICS 
The following section discusses the effect that the 
relative geometry of the transmitting and receiving sta- 
tions has on the performance of both the relay and direct 
links. The section is broken into two parts: the first treats 
the lander-orbiter relationships and the second treats the 
Mars-Earth relationships. In the second part, the simi- 
larities and differences of the lander-Earth and orbiter- 
Earth parameters are delineated. 
4. I Lander-to-Orbiter 
4.1.1 Characteristics 
The problem of communication from a ground station 
to a satellite is not new. Television transmission by the 
Relay, Syncom, and Early Bird satellites is now almost 
routine. Various authors (e.g., Ref. 1) have proposed 
satellite retrieval of meteorological data from simple 
remote ground stations, a situation closely analogous to 
the lander-orbiter portion of the Voyager relay link. 
The most important geometric characteristics of the 
line-of-sight communications of the lander-to-orbiter por- 
tion of the link are the distribution and length of the 
times of intervisibility and the range during these times. 
The first item is necessary for calculating how much time 
is available for transmission, and the second sets the rate 
at which this transmission can be mndc. A combination 
of these two factors is used to find thc effective informa- 
tion rate, I , ,  one of the bnscs for comparison discussed 
in Section 1.1.1.2. 
4.1.2 Oibit Selection Standards 
The following paragraphs discuss the various con- 
straints and standards for selecting an orbit about the 
planet. These standards fall into four broad categories 
with overlapping or conflicting requirements: noncon- 
tamination, engineering, communications, and science. 
An orbit that meets the mandatory requirements of each 
of these can be found but, beyond that, tradeoffs must 
be made to raise one capability at the expense of another. 
4.1.2.1 Noncontamination. One of NASA’s constraints 
is that the Voyager mission should have a probability of 
contaminating Mars of less than until manned mis- 
sions can be flown to the planet. The orbiter is assumed 
to be unsterile so its lifetime must be greater than the 
time needed for the high probability of a successful 
manned flight. This time gap is usually taken to be 50 yr. 
Using the NASA Model I1 atmosphere, this implies that 
a satellite in a circular orbit must have an altitude greater 
than 5000 km and, in an elliptic orbit of eccentricity of 
0.5, minimum elements are h, = 4000 km and h, = 
20,000 km. Therefore, the NASA Model I1 atmosphere 
constrains the orbit to quite a high altitude. 
The NASA maximum atmosphere may be unrealisti- 
cally dense. Mr. R. A. McClatchey of JPL’s Space Science 
Division has formulated an atmosphere model that allows 
circular orbits down to 2000 km altitude, This low alti- 
tude orbit is used as a sample for calculations in Sec- 
tion 6.2.1.1. 
4.1.2.2 Engineering. Assumptions have been made (Sec- 
tion 2.3.3) that occultations of the various reference 
bodies do not preclude proper operation of the orbiter. 
It would be desirable, however, to avoid occulations if 
this can be done without harmfully affecting the com- 
munications ability. In particular, it may be necessary to 
avoid interrupting the Earth-orbiter line of sight if this 
largely decreases the time available for returning data to 
Earth (it is presumed that by 1975, RF occultation by 
the Martian atmosphere will no longer be needed). It 
should be said that, for the postarrival conditions of 
Type I1 trajectories, Earth and Sun occultations by the 
planet Mars are closely correlated because the three 
1 0  
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To avoid 
occultation 
Orbit Year Earth 
5000 km, 1975 24 
circular 1977 10 
2000 km, 1975 39 
circular 1977 18 
bodies are roughly in a straight line. Table 5 shows the 
threshold inclinations of the bodies of interest for two 
communications orbits. This only shows the first orbit 
after injection and does not apply to conditions several 
days later. Note, a 5OOO km altitude circular orbit inclined 
40 deg to the equator occults none of the reference bodies 
on the first several revolutions. Then, no plane change 
maneuver (Table 1) is needed for injection into this 
orbit. 
To avoid To avoid 
Sun Canopus 
occultation occultation 
30 48 
10 46 
53 2 2  
27 27 
Table 5. Threshold inclinations for occultations 
on the first orbit 
4.1.2.3 Communications. If a satellite is to be put in 
orbit about Mars for relaying information from the planet 
surface to Earth, then it is desirable that it maintain 
line-of-sight communications for a large fraction of the 
mission. Assuming there are n viewing times or lander- 
orbiter sightings after a time t,, then the partial viewing 
fraction v, is defined as ri / tn where r i  is the length 
of the ith view time. That is, u, equals the ratio of the 
time in view to the total time at t, and lies between zero 
and one. The limit of v,  as n goes to infinity is defined as 
the viewing fraction u and is thoroughly treated in Sec- 
tion 4.1.3.2. 
1=1 
The best viewing fraction is obtained from a satellite 
orbit that matches the planet’s rotation time. This orbit 
has a u of unity if the satellite is in view and a u of zero 
otherwise. 
Disregarding the synchronous satellite, the viewing 
fractions for circular orbits increase with the altitude as 
shown in Fig. 3. 
Besides the viewing fraction characteristics, it is 
desirable to have the lander-orbiter range as low as 
possible to minimize the inverse square power loss in 
transmission. This implies low altitude orbits to get high 
0.3 
h 
i 0.2 
0 
I- 
K 
LL 
(3 
2 
u 
5 w > 0. 
C 
)oo 4000 5000 6000 7000 8000 9000 
ORBIT ALTITUDE, km 
Fig. 3. Viewing fraction vs orbit altitude circular orbit 
data rates. Note, this conflicts with the viewing require- 
ments stated earlier for circular orbits. The tradeoff 
between gain in view fraction by going to higher orbits 
vs the inverse square loss is discussed in Section 6.2.1.1. 
If the lander-to-orbiter is the saturated link (see dis- 
cussion on the limiting link in Section 6.1.4), then it may 
be necessary to eliminate Earth occultations to raise the 
Earth-orbiter viewing fraction. This implies adjusting 
the orbit inclination to the ecliptic; the longitude of the 
ascending mode is nearly fixed by the arrival conditions. 
Table 5 has shown the minimum inclinations to the Mars 
equatorial plane for nonoccultation of the Earth. 
Another communication standard is the length of the 
sighting (the size of T~ in Eq. 1). If the time needed for 
lockup is significant compared with the total viewing 
time, then the function un is not representative of the 
fraction of time available for transmission. This would 
mean raising the satellite’s altitude to lower its angular 
velocity with respect to an observer on the ground. An 
estimate of the sighting times and the time between 
sightings is also needed to set data storage requirements 
for both the lander and the satellite. Actual storage re- 
quirements are discussed in Section 6.2.3. 
4.1.2.4 Science. The satellite may have functions be- 
sides relaying information from the lander to Earth. In 
particular, it may be needed to gather science data from 
orbit through such instruments as television, Mars scan- 
ner, fields and particles probes, etc. Here, an eccentric 
orbit may prove more useful. 
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4.1.3 Computation of Range and Viewing 
Characteristics 
The fraction of time the lander and orbiter are in view 
and the lander-orbiter range have both been discussed 
as standards for orbit selection in Section 4.1.2.3. The 
following section shows methods for calculating these 
characteristics and numerical results. 
4.1.3.1 Range characteristics. Becausf: range character- 
istics are needed for communications calculations, it is 
necessary to develop methods for producing them. This 
is greatly helped by the concept of the surface on which 
the satellite always lies, or simply the satellite surface; 
this concept is developed in the following paragraphs. 
4.1.3.1 .I Satellite surface. In an inertial coordinate 
system, the set of all possible satellite positions can be 
thought of as a closed curve, an ellipse. Essentially, this 
curve is the collection of all possible satellite locations. 
Similarly, in a planet rotating system, the set of all pos- 
sible satellite positions can be thought of as a surface. 
Analogously, this surface is the collection of all possible 
satellite orbits. To an observer on a rotating planet, the 
motion of a satellite consists of its elliptical movement in 
its orbital plane and a constant rotation of this plane 
about the planet axis. Therefore, the spatial locus of all 
possible satellite positions is produced by rotating the 
orbit ellipse about the planet axis. The rotation of any 
curve about a fixed axis produces a surface. The surface 
produced by the rotation of the orbit ellipse is therefore 
referred to as the satellite surface. Note again, this is the 
locus of all positions that the satellite can possibly 
occupy. Figure 4 is an isometric representation of a 
typical satellite surface. 
w=-30 deg 
i =  40deg  
e =  0.3 
Fig. 4. Satellite surface and planet 
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Because the satellite surface is a surface of revolution, 
a complete description may be obtained by studying its 
intersection with a plane containing the axis of sym- 
metry. This intersection is defined as a cross section of 
the satellite surface. A cross section may be analytically 
produced by plotting r, the satellite planet center dis- 
tance, as a function of its latitude. From celestial me- 
chanics the range, r,  is given by the orbital elements and 
the true anomoly, f .  The true anomoly, in turn, is related 
to the satellite Iatitude, +, through the inclination, i, and 
argument of periapsis, W. These producing equations are: 
I 
1 
1 
P 
(1 + e cos f )  r =  
sin + = sin i sin ( f  + W) . 
These equations were programmed on the analog com- 
puter and plots of cross sections are shown in Fig. 5, 
reprinted from Ref. 2. In each of the plots, the value of 
the eccentricity is shown at the location of the periapsis. 
Figure 5 shows that the satellite surface is, in general, 
double-sided (i.e,, there are two values of r at the same 
latitude, 4). It should be emphasized that the satellite 
never falls within the volume enclosed by the surface but 
only on its boundary. 
Two special satellite surfaces occur. When periapsis 
lies at minimum or maximum latitude, there is only one 
satellite radius associated with each latitude and the 
double surface degenerates to a single one. Figure 6 
shows an isometric representation of this. Where peri- 
apsis is at minimum latitude (shown in Fig. Sd), the 
satellite surface cross sections are simply single lines, as 
opposed to closed loops. The second special surface 
occurs when the orbit is circular; here the satellite sur- 
face is just a spherical zone. 
4.1.3.1.2 Lander-orbiter range. Next, consider the pos- 
sible lander-orbiter ranges. The lander can be thought 
to have a distorted umbrella over it on which the satel- 
lite, when in view, always lies. A different umbrella-like 
pattern is associated with the inner and outer surfaces 
but, unlike the circular orbit where the umbrella is just 
a spherical cap, the surfaces for the general orbit are not 
necessarily symmetric about the lander’s local vertical. 
The genera1 shape of the umbreIIa-like surfaces may be 
seen by imagining a planet, lander, and lander viewing 
cone superimposed on the satellite surface cross sections 
of Figs. Sa through 5c. Figure 7 shows the conically 
shaped volume, where the lander and orbiter are covisible 
JPL TECHNICAL MEMORANDUM NO. 33-228 
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Fig. 5. Satellite surface cross sections for various eccentricities: (a) periapsis argument = 0 deg, (b) periapsis 
argument = - 30 deg, (cl periapsis argument = - 60 deg, (d) periapsis argument = - 90 deg 
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\ 
w = - 9 0  deg 
i = 40 deg 
1, 
21' 
I e 0.3 
I 
\ PER1 APSIS 
Fig. 6. Degenerate satellite surface periapsis 
at minimum latitude 
Fig. 7. Viewing cone on satellite surface 
(referred to as the viewing cone), and its two intersec- 
tions with the satellite surface. 
4.1.3.2 Viewing characteristics. Thc partial viewing 
fraction u,# has been defined in Eq. (1) (this equation is 
repeated below) as the fraction of time the satellite has 
been in view at time t,, and the view fraction v ,  as the 
limit of the partial fraction when t,, goes to infinity. 
The function u depends on the lander latitude and mini- 
mum elevation angle, p and y, and the orbital elements 
a, e, i, and w :  the semi-major axis, eccentricity, inclina- 
ORBITER 
GROUND 
TRACK 
CAPSULE 
ORBITER 
Fig. 8. lander-orbiter geometry 
tion, and argument of periapsis, respectively. (See Fig. 8 
for lander-orbiter geometry.) 
Reference 2 analyzes this long term average fraction 
with the aid of the satellite surface concept developed. 
For view fraction calculations, the satellite surface is 
separated into two distinct parts (referred to as the inner 
and outer surfaces) at the minimum and maximum lati- 
tudes. Separate view fractions are associated with each 
of these two surfaces and are called v ,  and os; the sum of 
v ,  and uL' equals v .  The following expressions are derived 
in Ref. 2 for the inner and outer fractions: 
(i - et):r/r 
cos-' 
2 x 2  JI[" V I  = 
df 2 cos a ( f )  - sin ,8 sin i sin ( f  + w) 1 
cos p [I - sin' i sin' ( f  + w)]'12 f (1 + e cos f )  
df 2 cos a ( f )  - sin sin i sin (f + u,) 1 
cos ,B [I - sin' i sin' ( f  + w)] 'I2 f (1 + e cos f )  
u = u,  + 1)' 
where 
a ( 1  - e?) 
= 1 + e cos f 
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0.14 
a12 
rm = planet radius 
fll, f12 = the limits of the true anomoly when the 
satellite is on the inner surface 
fZ1, f Z 2  = the limits of the true anomoly when the 
satellite is on the outer surface 
( C  1 
LANDER LATITUM B = Iodag 
MINIMUM ELEVATION y = 30 deg 
For a circular orbit of radius R, the integral for u sim- 
plifies to: 
where 
SEMI-MAJOR AXIS u 
7380 8200 9225 10543 12300 14760 18450 
0.141 I I I I I 
0 
0 0.1 0.2 a3 0.4 a 5  os 
ECCENTRICITY e 
01 I I I I I I 
0 0. I 0.2 a3 0.4 0.5 os 
ECCENTRICITY e 
Circular orbit view fraction is shown as a function of 
h (= R - T,,,) and the inclination in Fig. 3. The inner and 
outer view fractions for elliptic orbits are plotted sepa- 
rately in Fig. 9. This figure shows the variation of u with 
eccentricity for constant periapsis altitude of 4000 km. 
Note, the view fraction increases with eccentricity up to a 
certain critical value and then decreases. In all the plots 
the total view fraction u may be obtained by adding ul 
and 0'. Note, in Fig. 9d the inner and outer view fractions 
are equal. This is because the argument of periapsis 
equals 90 deg, periapsis occurs at maximum altitude, and 
the satellite surface degenerates to the single-sided sur- 
face similar to that of Fig. 6. 
4.1.4 Communications Implications 
The concept of the satellite surface and its implications 
for possible lander-orbiter ranges allows certain observa- 
tions to be made about the ground-satellite antenna 
SEMI-MAJOR AXIS u 
7380 8200 9225 10543 12300 14760 18450 
0 
0 0.1 0.2 0.3 0.4 0.5 0.6 
ECCENTRICITY e 
SEMI-MAJOR AXIS (I 
7380 8200 9225 10543 12300 14760 18450 
( d )  
O.I2 LANDER LATITUDE B= IO deg 
MINIMUM ELEVATION y =  30 deg 
i = 30° yI =v2 
0.10 
2 
.mm 0 0 0.1 02 a3 0.4 0.5 os 
ECCENTRICITY e 
Fig. 9. Viewing fraction vs eccentricity for constant periapsis altitude of 4000 km: (a) periapsis argument = 0 deg, 
(b) periapsis argument = 30 deg, (cl periapsis argument = 60 deg, (d) periapsis argument = 90 deg 
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system. Note, the power radiated at the transmitter would 
be used most efficiently if the received signal-to-noise 
ratio were at its lowest acceptable value during the whole 
time of lander-orbiter communications. This implies that 
the antenna system gain product divided by the range 
squared should be a constant over the angle of transmis- 
sion; the product of the antenna gains at any given ele- 
vation angle should be proportional to the lander-orbiter 
range squared. Unfortunately, shaping the transmitter 
beam exactly to the range profile squared may be impos- 
sible, but this can serve as a guideline in the design of 
the antenna system. It should be noted that there are two 
antennas involved and only the product of their gains is 
the parameter of interest; therefore, a wide range of 
choices is available. In particular, one antenna can have 
a region of low gain in the center of its pattern if the 
other matches this hoIe with a high-gain lobe. This idea 
has been developed in Ref. 1, where one of the antennas 
is a four-arm balanced conical spiral. 
The combination of the viewing fraction developed 
earlier and the range profile from the satellite surface 
allows calculation of the best use of a given antenna 
system. The figure of merit of the system (and, therefore, 
the variable to be maximized) is the effective information 
rate, i,, discussed in Section 1.1.1.2. Assuming that the 
lander antenna is oriented to the local vertical and that 
the orbiter antenna is pointed at the center of the planet, 
the power received at the satellite is': 
where 
+ = 90-7 is the angle of the lander zenith 
u = azimuth angle 
6 = lander-orbiter-planet center angle (see Fig. 9b) 
GT = transmitting antenna gain 
G,i = receiving antenna gain 
rLO = lander-orbiter range 
K = a proportionality factor 
PT = transmitted power 
'Two other angle-dependent quantities, the polarization loss and 
the atmosphere attenuation, have been assumed constant. These 
quantities, if included, would decrease P H  monotonically with in- 
creasing $ and would make the best value of $ (calculated above) 
s!ightly smaller. 
The minimum power received at a given angle from 
the zenith is: 
Therefore, if the information rate ii is constant over the 
whole angle of transmission +m and is governed by 
the minimum received power during the transmission 
time', then the effective information rate I, is: 
where i i  (...) shows that the instantaneous bit rate is 
some function of the minimum of the received power. In 
particular, if the constant i, is simply proportional to this 
minimum received power, then: 
This expression can be maximized with respect to +m to 
find the best angle through which transmissions should 
be made. This has been done for three representative 
situations described in Section 6.2.1.1. 
4.2 Mars-to-Earth 
The following section discusses the geometric aspects 
of the Mars-to-Earth portions of both the direct and relay 
communication schemes and delineates similarities and 
differences between the two. 
4.2.1 Range Characteristics 
.For communications, the distance from a Mars lander 
to Earth is essentially the same as that from a Mars 
satellite to Earth; i.e., distances comparable with the 
dimensions of the planet can be neglected when com- 
pared with the astronomical distances involved. 
As seen earlier, the arrivals for the proposed trajectories 
occur with Earth and Mars on nearly opposite sides of 
the solar system. This is unfortunate because of solar 
noise and communication range. Figure 10 shows the 
Earth-Mars range as functions of time. The arrival dates 
'A much more involved scheme for maximizing thc exchanged in- 
formation is possible. If the bit rate were adaptive with the signal- 
to-noise ratio, then it could always be adjusted to the value of 
highest acceptable bit error probability. 
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Fig. 10. Earth-Mars range vs time: (a) 1976-1977, (b) 1978-1979 
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of the two trajectories of interest are marked on each of 
the plots. Note, distances are in the order of 350 million 
km. Furthermore, the two ranges do not change appre- 
ciably over the 6 mo of expected operation. For the 1975 
launch opportunity, where the variation is the largest, 
the range decreases by only 20%. 
4.2.2 Viewing Characteristics 
The Earth-viewing charact'eristics of a lander and an 
orbiter are quite different. The problem of Mars inter- 
rupting the orbiter-Earth line of sight and how this is 
brought about by inclination has been discussed earlier. 
For sample calculations it will be assumed that the orbit 
has been chosen to eliminate Earth occultation, at least 
in the early parts of the mission. The orbits discussed in 
Section 6.2.1.1 meet this requirement. 
MINIMUM ELEVATION ANGLE, y 
Therefore, the orbiter-Earth viewing fraction as defined 
in Eq. (1) is equal to unity. This is certainly desirable 
from a lockup standpoint because one-way communica- 
tion times are in the order of 20 min and if no data is 
sent until lock has been made, then a large portion of the 
view time could conceivably be lost. 
Unfortunately, the only way to maintain uninterrupted 
communication by a direct link is to choose a landing site 
near one of the poles. These locations have not been of 
particular interest; therefore, the view fraction for the 
direct link must be less than unity. 
The declination of the sub-Earth point in aerocentric 
coordinates for both the 1975 and 1977 arrival dates is 
+21 deg. A plot of view time vs minimum elevation 
angle is given in Fig. 11 for the geometry and landers at 
latitudes of + 10 and - 10 deg. Very little definite knowl- 
edge of the Martian topography is available, therefore, 
the quantitative estimate of the amount of masking by 
terrain features is impossible. A reasonable guess of the 
minimum elevation angle governed by terrain protuber- 
ances is 30 deg. These conditions yield view fractions of 
0.34 and 0.29 for landing sites of +10 and -10 deg, 
respectively. 
During the year, the declination of the sub-Earth point 
fluctuates while always remaining within k 2 6  deg. These 
fluctuations cause the lander viewing fraction to change 
although it too remains within bounds. Table 6 shows 
the lowest and highest possible viewing fractions for a 
lander within 10 deg of the equator for various minimum 
elevation angles. 
Fig. 1 1. Communication view time vs minimum 
elevation angle 
Table 6. Viewing fraction extremes for landing site 
within 10 deg of Martian equator 
20 30 40 Minimum elevation angle, dag 10 
Highest fraction 0.46 0.40 0.34 0.28 
I I I I I 
0.34 0.28 0.20 lowest fraction 0.41 
4.2.3 Deep Space Network Requirements 
The Deep Space Network (DSN) requirements for the 
relay and direct links are different. For the relay, a track- 
ing station must maintain continuous communications 
with the orbiter to assure contiguous data, but communi- 
cations with a direct lander need only be maintained 
one-third of the time. One system uses the DSN capa- 
bilities all the time, the other does not. 
The appearance of the direct lander is very predictable, 
allowing regular scheduling of the DSN stations. The 
rotation time of Mars is 24.62 Earth hours, so the viewing 
will slowly shift from one station to the next. Often, two 
stations will be needed to track in series, with the third 
station idle for 8% days. 
4.3 Summary 
This section has discussed the geometric aspects of 
both direct and relay communications. For the relay, the 
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concept of the satellite surface has been developed; this, 
in turn, has led to certain observations on the fraction of 
time the satellite and lander are intervisible and the pro- 
file of possible lander-orbiter ranges. An averaging analy- 
sis rather than an emphemeris simulation has been applied 
to calculate the viewing fractions, which have been shown 
to fall in the range of 0.10 to 0.25. The satellite surface 
and viewing fraction concepts have been used to develop 
a method to optimize antenna system use. This optimiza- 
tion technique is applied to representative orbits and a 
sample communications system in Section 6.2.1. 
The geometric characteristics of the Mars-Earth por- 
tion of both links have been shown to be much simpler 
than those mentioned earlier. The Earth-Mars range for 
the situations studied is on the order of 350 million km 
and the lander-Earth viewing fractions are approximately 
one-third. 
5. DIRECT LINK AND RELAY LINK RELIABILITY 
5. I Introduction 
The intent of this section is to evaluate, for designs 
proposed in current studies (Refs. 3 and 4), absolute and 
relative reliabilities at critical points in an advanced plan- 
etary mission. 
Reliability will be used throughout this section to 
denote the probability that a system successfully satisfies 
the requirements for which it was designed. It should be 
emphasized that the reliability models and values used 
in this analysis are built on very uncertain ground. The 
hardware is undefined, the future state of the art is not 
established, and the past analyses are not universally 
accepted. Therefore, confidence in the numbers used is 
low. To provide for this uncertainty, a number of param- 
eters are introduced. The parameters are then varied SO 
the sensitivity of the system reliability can be seen. 
5.2 Analysis 
5.2.1 Summary of Analysis 
Because the advanced planetary spacecraft subsystems 
are not designed now, a reliability analysis cannot be 
strictly representative. However, there are sequences in 
the advanced planetary mission that are functionally 
similar to deep space missions flown previously. There- 
fore, one can produce a partial reliability model based 
on these functional similarities. Where no previous de- 
sign exists because of novel requirements imposed by the 
advanced planetary mission, subsystem designs were 
obtained from advanced planetary spacecraft systems 
studies. 
TWO typical missions, one using direct link communica- 
tions and the other using relay link communications, were 
taken from material in Refs. 3 and 4. The major sequen- 
tial events that occur throughout the mission were 
acquired from these mission descriptions. Each event 
was then analyzed to find the set of subsystems that must 
work properly at some time before or during the event 
to assure its accomplishment. Note, the analysis assumes 
that knowledge of the reliability of all the subsystems at 
a particular time implies knowledge of the overall system 
reliability. 
5.2.2 Mission Sequence of Events 
Here, the typical direct link and relay link missions 
will be described in general terms. The mission events 
analyzed are extracted from this description. Possible 
sequences of events for both the direct and relay link 
missions are shown in Table 7 and described in the fol- 
lowing paragraphs. Functional block diagrams for the 
Table 7. Sequence of major events for typical Voyager 
mission (assuming successful launch and injection) 
I Direct link 
Flyby bus 
Deployment ond acquisition 
Midcourse trajectory corrections 
lander separation 
lander 
Flyby bus separation 
Entry and landing 
lander deployment and ocquisition 
Lander surface operations 
Relay link 
Orbiter 
Deployment and acquisition 
Midcourse trajectory corrections 
lander separation 
Orbiter trim and retro maneuver 
Orbiter deployment and 
acquisition 
Orbiter operations 
londer 
Orbiter separation 
Entry and landing 
Lander deployment and ocquisitioi 
Lander surfoce operotions 
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By THERMAL ELECTRIC 
Bus CONTROL POWER 
A I  A 2  
direct and relay link events are shown in Figs. 12 and 
13, respectively. The time of occurrence assumed for 
each event is depicted in Table 8. 
Range (ETR) during 1975-77. Trip times to Mars range 
from 200 to 400 days for Type I and Type I1 trajectories, 
respectively. 
ccas - 
A 4  
5.2.2.1 Launch and transit mission description. Both 
missions begin by being launched from the Eastern Test 
For this analysis, the sequence from injection through 
capsule release for both missions is assumed to resemble 
* T/ C - 
THERMAL ELECTRIC GBIAC - ccas - T/C - 
83 84 86 Bus CONTROL 4 POWER ----) 81 82  
( 0 1  DIRECT LINK DEPLOYMENT AND ACOUlSlTlON - EVENT A 
PROPULSION 
87 
THERMAL ELECTRIC ccas - GaAC c 3  c 4  Bus CONTROL POWER - CI c 2  
( b )  DIRECT LINK MIDCOURSE TRAJECTORY CORRECTIONS-EVENT B 
T /C  PROPULSION EVENT 
C6  
THERMAL 
LANDER CONTROL 
D2 I 
CTBS 
028 
ELECTRIC RELEASE STABILITY 
022 D23 D24 
POWER MECHANISMS - SYSTEM 4 
- 
( C )  DIRECT LINK LANDER SEPARATION-EVENTS C AND D 
1 
RETARDATION 
SYSTEM 
E 2 5  
ELECTRIC STAB1 L I TY 
SYSTEM 
0 2 4  
THERMAL 
POWER 
L - J  L - 1  
CTaS 
E 2 8  
( d l  DIRECT LINK ENTRY AND LANDING-EVENTS C AND E 
Fig. 12. Direct link events and required operating subsystems 
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- - T/C 
F3 I  
D (S-BAND) CTBS F 2 8  
that of the Mariner series of spacecraft. The spacecraft 
is separated and the launch vehicle is retarded by retro 
rockets. Storage batteries supply electrical power until 
solar panels are deployed and Sun acquisition occurs; 
then the principal axis of the spacecraft is pointed toward 
the Sun, and the solar energy collection and conversion 
system supplies power. 
HIGH-GAIN 
4 ANTENNA 
F 3 2  
After the Sun acquisition, a Sun-Canopus sensing sys- 
tem is used for full three-axis attitude control. First 
Earth-spacecraft communications are conducted over an 
omnidirectional antenna but, sometime during the transit 
phase of the flight, a 12.5-ft antenna radiating 35 w at 
S-band frequencies and pointed toward Earth becomes 
the main communications link between the spacecraft 
and Earth. 
- - 
One or more midcourse maneuvers, based on Earth- 
based radio tracking data are made during transit; 
enough maneuvers are performed to ensure that the 
trajectory is accurate for mission requirements. The mid- 
course propulsion system, as in the Mariner systems, uses 
storable liquid propellants; however, the thrust level is 
raised to a level compatible with orbit insertion require- 
ments. 
As the spacecraft approaches Mars, trajectory refine- 
ments may be made. Again, any maneuver uses Earth- 
based radio tracking techniques; no onboard approach- 
guidance systems are considered. About 80 hr before 
impact, the capsule is separated from the remainder of 
the spacecraft and set on an impact trajectory with the 
planet. Then, the direct link and the relay link systems 
are dissimilar. 
~ 
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fig. 12. Direct link events and required operating subsystems (cont'dl 
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Table 8. Event times 
(assumed for numerical calculations) 
Trip time 
Direct link 
Flyby bus 
Deployment and 
acquisition 
Midcourse trajectory 
correction 
lander separation 
lander 
Flyby bus separation 
Entry and landing 
Deployment ond 
acquisition 
Surface operations 
Relay link 
Orbiter 
Deployment and 
acquisition 
Midcourse trajectory 
correction 
lander separation 
Orbiter trim and 
retro maneuver 
Deployment and 
acquisition 
Orbiter operations 
lander 
Orbiter separation 
Entry and landing 
Deployment and 
acquisition 
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5.2.2.2 Post separation direct link mission description. 
The direct link lander, which is completely sterilized, is 
assumed to be passive during entry and makes an uncon- 
trolled aerodynamic entry into the atmosphere of Mars. 
The lander consists of structure, ablation and heat pro- 
tection material, a parachute for final descent, an impact 
absorption device, a capsule timer and sequencer, an 
orientation and erection device, power supply, a data 
handling system, an S-band telecommunications system 
with a FSK low-bit-rate backup, a high-gain antenna 
system with erection and Earth-tracking capabilities, and 
a scientific payload. 
The capsule enters the atmosphere and is slowed by its 
retardation subsystem. After impact, the capsule dis- 
cards the remainder of its retardation and impact atten- 
uation system, orients itself, and erects its high-gain 
antenna and omnidirectional antenna. 
All lander systems are then activated and the system 
transmits science data over the high-gain antenna system 
until failure. For certain types of failure that incapaci- 
tate only the primary telecommunications system or high- 
gain antenna system, the backup FSK system is assumed 
to transmit at a low-bit-rate over an omnidirectional 
antenna. The direct link lander’s operations are inde- 
pendent of the spacecraft bus as soon as it is separated. 
5.2.2.3 Postseparation relay link mission description. 
After lander separation, the relay link lander performs 
identically (to the direct link lander) through entry, 
impact, and postimpact erection and deployment with 
two exceptions. It does not use a high-gain antenna sys- 
tem but communicates with an orbiter over an omni- 
directional antenna that is erected to the local vertical 
only. Also, its telecommunications system does not nec- 
essarily operate at S-band, but on whatever frequency is 
selected for lander-orbiter communications. 
After capsule separation, the spacecraft bus is injected 
into orbit to serve as a relay satellite. To do this, the bus 
retracts its solar panels and high-gain antenna, performs 
a retro maneuver, then redeploys its system and reac- 
quires the Sun, Canopus, and Earth. The orbiter receives, 
stores, and transmits to Earth the data obtained from the 
lander. The relay link lander detects when the orbiter is 
visible and transmits the accumulated science data in 
response to an orbiter command. 
The exact time of rising and setting of the lander (from 
the orbiter’s frame of reference) is a random variable 
and, therefore, the orbiter has enough storage for long 
intervisibility times as they happen. Also, the relay link 
and lander data storage system are large enough to hold 
all the science data accrued when the time between 
intervisibility becomes large. 
The basic orbiter attitude control will be similar to the 
Mariner spacecraft with proper changes to cope with the 
times of Sun or Canopus occultation. A quasi-omnidirec- 
tional antenna for lander-orbiter communications is 
mounted on a gimbaled platform that points toward the 
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planet center. Orbiter-Earth communications are assumed 
to be conducted over the same high-gain antenna and 
S-band telecommunications system used during transit. 
As in the direct lander, a backup communication link 
(using an FSK system transmitting over an omnidirec- 
tional antenna oriented only to the local vertical) is used 
to transmit low-bit-rate information from lander to Earth. 
5.2.3 Necessary Subsystems for Major Events 
Table 9 shows the subsystems considered necessary to 
support the mission sequences of Table 7. Combinations 
Table 9. Voyager subsystems and sources of 
reliability models 
Diroci link system 
Flyby bus 
Thermal control 
Electrical power 
Guidance and attitude 
control ( G U Q  
Central computer and 
sequencer (CC6S) 
Propulsion 
Telecommunications 
(TIC) 
lander 
Thermal control 
Electrical power 
Release mechanism' 
Stability system 
Retardation system 
Capsule timer and 
sequencerb (CTLS) 
Ground orientation 
Data handling' 
Telccommunicotions 
(TIC) 
Omnidirectional 
antenna 
High-gain antenna 
Reliability model 
source 
Passive; reliability 
nssumsd unity 
Ref. 5 (PRC) 
Ref. 5 (PRC) 
Ref. 5 (PRC) 
Ref. 5 (PRC) 
Internal JPL 
document 
Ref. 3 (Avco) 
Ref. 4 (GE) 
Ref. 4 (GE) 
Ref. 3 (Avco) 
Ref. 3 (Avco) 
Ref. 4 (GEj 
Ref. 5 (PRC) 
Ref. 4 (GE) 
Ref. 5 (PRC) 
lnternol JPL 
document 
Parameterized 
Parometerired 
Relay link system 
3rbiter 
Thermal control 
Electrical power 
Guidance and attitude 
control (G6AC) 
Central computer and 
sequencer (CCLS) 
Propulsion 
Telecommunicotions 
(TIC) 
Planetary horizontal 
platform (PHP) 
Lander 
Thermal control 
Electrical power 
Release mechanism' 
Stability system 
Retardation system 
Copsule timer and 
sequencerb (CTLS) 
Ground orientation 
Data handling' 
Telecommunications 
( T I C )  
Omnidirectional 
ontenna 
'If a portion of the release mechanisms are mounted on the flyby bus or orbiter 
i n s h d  of totally on the lander, OS depicted here, there i s  no affect on the prob- 
ability that the bus (or orbiter) and lander will separate. 
bTh* CT6S porta ware assumed to be identical to the Mariner C CC6S parts for this 
analysis. 
cThe lander data handling subsystem parts were assumed to be identical to the 
Mariner C data handlinp system parts. 
of the subsystem functions are assumed to satisfy all 
mission events. Where similar sets of subsystems are used 
in both systems, equivalent reliability is realized. 
Figures 12 and 13 show the subsystems needed to 
operate for successful accomplishment of each of the 
events in the direct and relay links sequences, respec- 
tively. Every solid lined subsystem must operate through 
the event for a successful event; every dashed lined sub- 
system is needed to perform adequately at some time 
before the event. 
5.2.4 Parameters 
Flexibility is incorporated into the analysis by the 
introduction of several parameters that m o w  the more 
uncertain parts of the model. Areas that are felt to be 
uncertain enough to warrant representation are: opera- 
tional component failure rates, stored component failure 
rates, relay link complexity factor, relay lander power 
amplifier, relay omnidirectional antenna, direct lander 
high-gain antenna. These parameters are introduced in 
detail now. 
5.2.4.1 Operational component failure rates. Because 
the basic mode of analysis uses an exponential failure 
model, an estimate of a range of representative failure 
rates is needed. Uncertainty in &e failure rates causes a 
concomitant uncertainty in the reliability. To reflect this 
uncertainty, a parameter /3 is introduced to modify oper- 
ational component failure rates. 
5.2.4.2 Stored component failure rates. In general, a 
stored component does not have the same failure rate as 
an identical operational component. Therefore, a param- 
eter a is introduced that adjusts the failure rate of stored 
components to a level more representative of their stor- 
age failure rate history. 
5.2.4.3 RelMJ link complexity factor. Because the or- 
biter telecommunications subsystem carries added com- 
ponents to provide relay communications, there is a 
greater probability that the relay orbiter will fail during 
transit. This added potential degradation is represented 
by the reliability multiplier V. 
5.2.4.4 Relay lander power amplifier reliability. The 
relay and direct landers do not necessarily carry the 
same power amplifier. The difference in their reliability 
is represented by the factor p, which multiplies the fail- 
ure rate of the direct lander power amplifier. 
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5.2.4.5 Omnidirectional antenna reliability. This pa- 
rameter reflects the uncertainty in the ability of the 
omnidirectional antenna erection mechanism to work on 
the Mars surface after landing. 
5.2.4.6 Direct lander high-gain antenna reliability. A 
little understood factor in this analysis is the ability of 
the high-gain, erectable, steerable antenna to perform 
properly in an unknown environment. Unlike a,  p, and p 
(which represent failure rate multipliers), R,o represents 
the reliability of the high-gain antenna system and is 
assumed to be independent of time. 
5.3 Assumptions and Constraints 
To mold the advanced planetary mission into a form 
that can be represented by a mathematical model, a 
number of assumptions are made and constraints im- 
posed. The following paragraphs detail each of these 
assumptions and constraints. 
5.3.1 Functional Block Spacecraft Configuration 
The advanced planetary spacecraft is assumed to be 
broken into functional blocks, each of which is opera- 
tionally independent. The components in each functional 
block are assumed to be serially connected unless other- 
wise noted; the failure of any component results in total 
mission failure unless a redundant functional path is 
provided. 
5.3.2 Failure Model 
With the exception of the direct lander high-gain 
antenna system, all electronic components are assumed 
to obey a random failure model. In this model it is 
assumed that the probability of any given component 
failing in a fixed time interval is constant. One-shot 
components such as pyrotechnics and mechanical devices 
operating for a short time are assumed to obey the bi- 
nomial probability law. (The mathematics used to produce 
the failure model are described in Appendix A. Appendix B 
gives the failure model for each of the subsystems.) 
Component failures are assumed to be catastrophic; no 
marginal failure cases are studied. Once a part fails it is 
assumed to remain so for the length of the mission. No 
partial mission successes are considered except the acqui- 
sition of low-bit-rate information if any part of the pri- 
mary telecommunication system fails. 
5.3.3 Similarity of Subsystems 
Whenever subsystems in both the relay and direct 
systems have enough common functional requirements, 
their designs are assumed identical for this reliability 
analysis. 
5.3.4 Science Subsystems 
Reliability figures are computed exclusive of science 
subsystems. 
5.3.5 Sterilization Requirements 
The reliability analysis of the lander system does not 
includes the effects of sterilization requirements. 
5.3.6 Launch Operations 
The reliability figures are calculated assuming that the 
spacecraft has been successfully launched and injected. 
A11 probabilities given are then contingent on a success- 
ful completion of this phase of the mission. 
5.3.7 Trajectory Accuracy Requirements 
The trajectory accuracy requirements from launch 
through lander separation are assumed identical. It is 
assumed that only Earth-based radio tracking is neces- 
sary for trajectory correction; no onboard guidance sys- 
tem reliability is considered. 
5.3.8 Lander Reliability 
It is assumed that therc are only two basic areas of 
difference between the lander systems : the primary radio 
systems and the transmitting antennas. Differences in 
other equipment for the two landers are not considered. 
5.3.9 Lander Configuration 
The weight, size, shape, and other physical character- 
istics of both the direct and relay landers are assumed 
to meet all necessary constraints. For the direct lander, 
therefore, it is assumed that any high-gain antenna 
configurations are compatible with the operation of all 
other subsystems. Also, the application of surplus pay- 
load capability to the improvement of reliability through 
redundancy is not considered. 
5.3.10 Degraded Communications 
Both the direct link and relay link landers are assumed 
to carry a backup S-band FSK communications system 
transmitting over a quasi-omnidirectional antenna that 
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must be erected to the local vertical. This backup system 
is assumed to work completely independent of the main 
communications system. 
5.3.11 Relay Orbiter 
Any reliability degradation due to orbital trim ma- 
neuvers is not considered. 
5.3.12 Design Adequacy of Subsystems 
signed well enough to meet their design objectives. 
It is assumed that all spacecraft subsystems are de- 
5.3.13 Support System 
The DSN equipment, procedure, and personnel are 
assumed to be perfectly reliable and, therefore, do not 
degrade the outcome of the mission in any manner. 
5.4 Results 
5.4.1 Effect of Parameters 
The following sections discuss the effect of exercising 
each of the parameters introduced into the model in 
Section 5.2.4. Results for all parameter variations exer- 
cised can be found in Appendix C. The effects of the 
seven parameters are detailed in the following para- 
graphs. 
5.4.1.1 Efect of trip time. In Fig. 14, the typical effect 
of trip time can be seen. The relay links reliability is 
0.95 times the reliability of the direct link because of the 
assumption of a more complex telecommunications sub- 
system. At approximately 200 days there is a sharp 
decrease due to the reliability of the functions corre- 
sponding to the landing phase. This comes from the 
failures that occur from capsule separation, entry, land- 
ing, and first activation of systems stored since launch. 
The transit reliability function of the 400 day trajec- 
tory closely follows the 200-day trajectory until the 
separation sequence is started. A monotonically decreas- 
ing trend continues for the 400-day trajectory until the 
time when its separation sequence begins. Notice that the 
sharp degradation after 400 days of transit is larger in 
the relay link mission than its 200-day counterpart. This 
increase comes from the requirement placed on the relay 
link system to delay its retro maneuver and to store a 
planetary horizontal platform and lander system for an 
added 200 days. 
5.4.1.2 Efect of operational failure rates. The param- 
eter p is used to modify the operational failure rates. A p 
of 1.0 corresponds to the first estimates of Mariner R 
failure rates and is the most pessimistic estimate of p to 
date. The current estimate is approximately 0.19; the 
range in the analysis goes from 1.0 to 0.01, which may be 
representative of failure rates in the future. 
The effect of p is illustrated in two distinct ways. 
,Figure 15 illustrates the effect of the assumed operational 
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Fig. 14. Effects of flight time on reliability 
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Fig. 15. Effects of operational failure rates: (a) on direct 
link reliability, (b) on relay link reliability 
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failure rates on the direct and relay link reliabilities; three 
distinct values of p were chosen so its influence on the 
total mission can be seen. It should be noted that a con- 
stant change in p produces a greater change in the relay 
link liability than the direct link reliability. Therefore, 
higher operational failure rates tend to favor the direct 
link mission over the relay link mission even though the 
absolute reliabilities decrease with increasing failure 
rates. The physical reason for this effect is because the 
more complex lander-orbiter combination used by the 
relay link mission is degraded more by poor failure rates 
than the direct link configuration. 
7-7 r -  . -- 
-DIRECT LINK 
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TRIP TIME 400 days 
a = 0 2 B  
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In Fig. 16 the effect of p at certain selected mission 
times is shown. A remarkable aspect of Fig. 16 is that the 
reliability functions cross at a particular value of p. As 
the mission time progresses, this crossover value of p 
becomes smaller. This happens because it is assumed 
that the direct link high-gain antenna system reliability 
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Fig. 16. Reliability of system vs failure rate multiplier: 
(a) before capsule separation, (b) after 1 day surface 
operation, (c) after 3 mo surface operation, 
(d) after 6 mo surface operation 
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is independent of time, so the direct system relia- 
bility asymptotically approaches the high-gain antenna 
system reliability as p goes to zero; while the relay link 
system reliability goes asymptotically to unity. 
5.4.1.3 Eflect of storage failure rates. The parameter 
a was used to see the effect that storage failure rates have 
on the probability of mission success. The highest chosen 
value of a was 1.0, corresponding to storage failure rates 
equal to operational failure rates. It was felt that this is 
a proper upper limit for a because, in general, stored 
components do not fail at a faster rate than operating 
ones. An a of zero would correspond to no degradation 
to components during storage, and is a suitable lower 
bound. 
The effects on reliability that storage failure rates pro- 
duce are shown in Appendix C. Portions of this data are 
plotted in Fig. 17, which illustrates the effect of a on the 
direct and relay link reliabilities. It should be noted that 
a constant change in a produces a greater reliability 
change in the relay link than in the direct link reliability. 
Therefore, higher storage failure rates relatively favor 
the direct link over the relay link mission even though the 
absolute reliabilities decrease with increasing a. 
The physical reason for this effect is attributed to 
the requirement for a terminal retro maneuver and storage 
of the planetary horizontal platform. 
5.4.1.4 Egect of relay link complexity. Because the re- 
lay link orbiter telecommunications subsystem is poten- 
tially more complex than its direct link counterpart, the 
relay link system is perhaps more prone to fail during 
transit. Both were considered to have identical parts and 
functions during transit; however, the relay link telecom- 
munications subsystem may carry added components for 
conducting lander-orbiter communications after arrival at 
Mars. Therefore, the parameter v represents the added 
complexity of the relay link telecommunications sub- 
system. 
A value of v = 0.95 was arbitrarily chosen. It has the 
effect of degrading all results pertaining to the relay link 
by 5 % .  To get results for different values of V, multiply 
any relay link results given in this analysis by ~/0.95, 
because v is purely a linear multiplier. 
5.4.1.5 Eflect of relay lander power amplifier relia- 
bility. Because the relay link lander might use a more 
reliable lander-orbiter power amplifier design in its tele- 
I .o 
0.8 
0.6 
0.4 
0.2 
0 
0 200 400 60( 
TIME, days 
1.0 I I I 
(b)  R(OMNIDIRECTIONAL1 = 0.99 
0 200 400 60 
TIME, days 
Fig. 17. Effect of storage failure rates: (a) on direct 
link reliability, (b) on relay link reliability 
communications subsystem, the parameter p was intro- 
duced. A value of p = 1.0 corresponds to the relay link 
power amplifier having the same failure rate as the 
S-band power amplifier in the direct link lander. When 
was reduced to 0.2, showing that the relay link's power 
amplifier's failure rate is estimated at only one-fifth that 
of the S-band power amplifier, essentially there is no 
effect on the mission reliability. This can be confirmed 
by comparing the relay link result in Table C-1 with 
those in Table C-8, C-5 to C-9, and C-7 to C-10, where 
all assumptions in each pair of tables (with the exception 
of the value of p)  are identical. 
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0.8 
5.4.1.6 Efect of omnidirectional antenna reliability. 
Because the relay lander omnidirectional antenna must 
operate for the lander to communicate with the orbiter, 
its reliability multiplies the reliability of the relay link 
primary communications system. This effect can be noted 
in Tables C-1 through C-11. 
I I I 
R(OMNIDIRECTIONAL) = 0.99 
5.4.1.7 Efect of direct link high-gain antenna relia- 
bility. The reliability of the direct link is directly propor- 
tional to the reliability of the high-gain antenna system. Its 
reliability is a measure of its ability to withstand impact, 
erect itself in an uncertain environment, and detect and 
track the Earth daily. Tables C-1 through C-11 show the 
reliability of direct link for three values of the reliability 
of the high-gain antenna system. - * - 0.6 
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5.4.2 High-Gain Antenna Requirements for Equivalent 
System Reliability 
Because the high-gain system reliability is a major 
question, it is instructive to consider what requirement 
should be placed on it to get equivalent relay and direct 
link reliability. This condition may be calculated ana- 
lytically by forming the ratio of the relay system relia- 
bility to the direct system reliability. In this ratio, the 
direct system reliability is calculated exclusive of the high- 
gain reliability. The validity of this approach can be seen 
by considering the conditional reliability function: 
p =  0.19 
\ a =0.030 
Y =095 
p =  1.0 
\ - 
where 
Ro, = direct link reliability 
RD,, = direct link/high-gain antenna works reliability 
RHO = high-gain antenna reliability 
The high-gain antenna system reliability that equates the 
relay and direct link systems reliabilities is therefore 
given by: 
where 
R R L  = relay link reliability 
Note, the denominator is exactly equivalent to calculat- 
ing the direct link reliability, assuming that the reliabilities 
of the high-gain antenna system are unity. Remember 
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Fig. 18. Minimum high-gain antenna reliability function 
for direct link reliability 2 relay link reliability: 
(a) for 200 day transit, (b) for 400 day transit 
this function is sensitive to the assumptions made in the 
analysis. 
In Fig. Ma, the function that corresponds to the as- 
sumptions and results of Table C-1 can be found. In 
Fig. 18b, the function that corresponds to the assump- 
tions and results of Table C-2 is illustrated. The only 
difference in the assumptions between these two tables 
is that one refers to a 200-day transit and the other refers 
to a 400-day trajectory. Note, by comparing Figs. 18a 
and 18b, that longer trip times reduce the minimum relia- 
bility requirement of high-gain antenna; longer trip times 
cause the direct link system’s reliability to improve rela- 
tive to the relay link system even though both absolute 
reliabilities drop. Also, the reliability requirement on the 
antenna system is quite low, never exceeding 0.8 at land- 
ing, and dropping to 0.4 or less at 6 mo. 
5.5 Summary 
Of the several parameters introduced, two seem to 
dominate the effect on reliability; the failure rate multi- 
plier p, and the reliability of the direct link high-gain 
antenna system. The failure rate multiple has the greatest 
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effect on the relay link and the high-gain antenna system 
is the largest contributor to direct link unreliability. 
and the assumed failure rate. Lower failure rates tend to 
increase the reliability requirement on the high-gain 
antenna system. This is true because the more complex 
relay link benefits more by the lower failure rates. Longer 
flight times have an adverse effect on the relay link relia- 
bility; therefore, the high-gain antenna reliability re- 
quirement is lessened. 
For the assumed value of p; ( p  = 0.19) the maximum 
reliability requirement on the high-gain antenna system 
(for equivalent direct and relay reliability) is less than 
0.8. This requirement is a function of both flight time 
6. SYSTEM COMPARISONS 
There are two general classes of comparisons that can 
be made from the preceding sections. The first class has 
the results that are direct consequences of (or observations 
from) the assumptions; they are given in Section 6.1. The 
second class, discussed in Section 6.2, has the analytic 
comparison functions : effective bit rate, reliability, and 
expected cumulative bits. 
6. I Observations 
This section has material that, although pertinent to 
the comparison of the relay and direct mission approach, 
is not embodied in the mathematical comparisons. 
6.1.1 Data Requirements 
The design requirements of both the direct and relay 
missions are dictated largely by the data rate needed to 
transmit 1O'O bits of data within a 6-mo mission lifetime. 
It is instructive to consider the effect on the design of a 
reduction by a factor of ten in total data needed. A direct 
result is the reduction in power-gain product by 10 db, 
making it possible to either reduce the transmitted power 
or to reduce the high-gain antenna size. Because there is 
much uncertainty in the direct lander high-gain antenna 
system, it is likely that the antenna size would be reduced. 
For antennas below 8 ft  in diameter, an active RF point- 
ing system to reduce pointing losses is no longer needed. 
Therefore, the reduction of the data requirement by a 
factor of ten allows passive pointing, and gives a potential 
gain in reliability. Also, it is likely that smaller antennas 
yield lander designs less sensitive to surface uncertainties 
and can be made to survive more stringent landing en- 
vironments. To land a large (- 12 ft) high-gain antenna 
system with a high probability of survival, it is possible 
that the method of descent would be limited to those 
needing active retro-propulsion near the surface. A reduc- 
tion in antenna size makes alternate descent schemes, 
such as parachutes, more attractive. 
Although the relay orbiter also benefits from the 
reduction in data requirement, the radio steerable antenna 
is not subjected to the environmental uncertainty of the 
direct link; therefore, the total reliability is affected less. 
The relay approach still has the same problems of lander- 
orbiter link design; for example, automatic acquisition 
and the planet-oriented antenna. Therefore, it is probable 
that more uncertainty is removed from the relay ap- 
proach, showing that lowering data requirements favors 
the direct lander approach. This is certainly true in the 
liinit when the needed data rate can be supported by low 
powered transmitter and a nonsteerable antenna; because, 
here, the orbiter is not useful as a relay satellite and 
merely adds to the unreliability of the mission. 
6.1.2 Hardware Development 
ment to be undertaken for either approach. 
It is apparent that there is extensive hardware develop- 
A broad categorization of development effort results in 
the following observations. The direct link requires the 
development of a large steerable high-gain antenna sys- 
tem and a relatively high-power S-band transmitter that 
are capable of surviving the landing shock. The lander 
design configuration will be dictated to a large extent by 
the requirement of the antenna system. It is possible that 
an active descent system such as propulsion and descent 
control might be needed to ensure a high probability of 
an upright attitude during and after landing. Also, it may 
be necessary to get detailed information about the Mars 
surface before committing to a higher data-rate direct 
link. Therefore, the hardware development of an eventual 
advanced planetary direct link mission may be keyed to 
the acquisition of surface data characteristics. 
The hardware development for the relay link is char- 
acterized by the development of two major systems, the 
lander and the orbiter, which must be RF compatible. 
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The relay link lander is not as open to surface uncertain- 
ties as its direct link counterpart, because transmission is 
made without the use of high-gain directive antennas. 
However, there is some possibility that the relay link 
development schedule will be dependent on more definite 
information on the Martian upper atmosphere because 
the altitude of the relay satellite orbit is limited by a 
noncontamination constraint. First calculations (see Sec- 
tion 6.2.1.1) show there is some latitude in selection of 
orbits that have enough communications capability; there- 
fore, this constraint is not restrictive. Data from the 
Mariner C occultation experiment should resolve this 
uncertainty. 
6.1.3 Trajectory Dependent Parameters 
It is worthy to note that the flight time for the Type I1 
trajectories in 1975 and 1977 is on the order of 400 days, 
showing that a premium is placed on reliable long-life 
operation. Because the relay approach is more complex 
on a part-count basis, this observation tends to favor the 
direct lander. 
If Type I trajectories are attempted in the 1975 and 
1977 opportunities, the injection energy requirements 
dictate a larger vehicle than now programmed to inject a 
combined lander-orbiter. Also, the fuel needed to place 
a relay satellite in a favorable communication orbit is 
higher for the Type I trajectories, causing an increase in 
the satellite weight. Thus, an orbiter-lander on a Type I 
trajectory demands more launching vehicle capability 
than now planned, and a Type I1 trajectory results in a 
reliability penalty. 
Therefcre, from the standpoint of trajectory considera- 
tions, direct landers seem to be favored for both 1975 
and 1977. The 1975 Type I1 arrival is almost diametrically 
across the solar system from the Earth, so the Earth- 
Mars-Sun angle is only 10.5 deg at encounter and drops 
to 0.5 deg after 58 days. This will present a serious solar 
noise problem; one possible solution might be to fly a 
higher-energy trajectory that gives an earlier Mars en- 
counter date. However, the higher energy requirement 
again tends to favor the direct lander approach. This 
condition does not exist for the 1977 encounter. 
6.1.4 Limiting Link Relay Operations 
Some general observations about the extremes of oper- 
ation of the relay link may be made using the definition 
of the effective bit rate. First, note that the relay link 
operates most efficiently when the unconstrained effective 
bit rates of the two legs are equal. In any event, the actual 
bit-rate capacity of the relay link is dictated by the 
lowest capacity leg. A mathematical statement of this is: 
(3) 
The regimes of operation of the relay link are seen to 
fall into two categories from Eq. (3); either the lander- 
orbiter leg is saturated and the total effective bit rate is 
equal to ieLo, or the orbiter-Earth leg is saturated and 
the total effective bit-rate is equal to I,,,. Because each 
of these circumstances present interesting and distinct 
properties, let us consider them further. 
6.1.4.1 Orbiter-Earth leg saturated: 
IeLo  > I, , ,  
When the orbiter-to-Earth link is saturated, alternate 
orbits can be chosen that decrease the lander-orbiter 
viewing time without decreasing the overall lander data 
retrieval capability of the relay link. This implies that, if 
the original orbit were chosen at the expense of orbit 
science, one is free to choose a new orbit more favorable 
to the orbit science data. This effort is in vain, however, 
because (by the original hypothesis) the orbiter-to-Earth 
leg is saturated, and the orbit science data could not be 
returned anyway. Therefore, the region of operation 
where the orbiter-Earth leg is saturated is not condu- 
cive to the gathering of orbit science data. 
One further observation may be made if it is assumed 
that the lander-Earth direct link and the orbiter-Earth 
link have equivalent power-gain products. The equation 
defining the effective bit rate of the direct link is: 
- I, , ,  - Z i D L  V D L  
and a similar equation defines the relay link effective 
bit-rate. 
Because the orbiter-Earth link is saturated, the 
effective bit-rate is given by the orbiter-Earth effective 
bit-rate. Now, by assumption of equal Mars-Earth 
power-gain product, 
It can be seen that the effective bit rates of the direct 
link and the relay link are related solely by the ratio of 
the view fractions. 
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The best view fraction of the direct link is about one- 
half, with a reasonable value being about one-third. The 
maximum view fraction of the orbiter is unity because 
it is likely that an orbit that does not occult the Earth 
can be chosen (see Section 4.2.2). Therefore, an upper 
bound on the ratio of effective bit-rates of about three 
can be derived for the relay link. Note, this ratio of three 
rests on the assumption that the power-gain product of 
the direct link and the orbiter-Earth link are equal. Fur- 
thermore, this ratio is a function solely of the relative 
geometries of the relay and direct missions. 
6.1.4.2 Lander-orbiter leg saturated: 
Here, any change in the selection of the orbit other 
than the one yielding optimum lander-orbiter communi- 
cations will result in further degradation of the relay 
link capacity for lander data transmission. However, if 
there are some orbit science experiments that can accom- 
modate the low-altitude and low-inclination orbit that 
is best for communications, their data can be carried on 
the orbiter-Earth link. 
Assuming equal power-gain products as in Section 
6.1.4.1, when ieLO drops to one-third ieOE the two ap- 
proaches are equivalent in lander data transmission 
capacity. The lander data transmission capacity of the 
relay link can drop below the direct link capacity only 
when the lander-orbiter link is the saturating link. 
6.2 Mathematical Comparisons 
This section is to evaluate representative systems for 
their effective bit rates, expected cumulative bits, and 
storage requirements. For the relay link, three possible 
orbits have been chosen and their communications capa- 
bility analyzed. Expected cumulative bit calculations 
have been made for both systems with reliability as a 
parameter. An approximate analysis of the data storage 
requirements for both systems is given in Section 6.2.3. 
6.2.1 Effective Bit-Rate Calculations 
6.2.1 .I Relay link. 
6.2.1 .I .I Lander-to-orbiter. Three particular orbits have 
been chosen for a detailed study of their information 
exchange characteristics. The first two of these are de- 
sirable from a relay communications standpoint and are 
circular with altitudes of 5ooo and 2OOO km. The third, a 
4OOO- by 20,OOO-km orbit, is considered for nonstandard 
orbit injection, or possible utility for scientific measure- 
ments. 
6.2.1 .I .I .I Communications orbits. The two orbits 
selected correspond to the lowest altitude circular orbits 
allowable by two proposed noncontamination constraints 
(see Section 4.1.2.1). They are both at an inclination of 40 
deg so that neither occults the Earth on the fist orbit 
using the nominal approach conditions (see Table 6). 
Therefore, for a time at least, uninterrupted transmissions 
can be made to the Earth without time losses due to 
occultation and relock. 
The fractional viewing time u, the largest maximum 
possible lander-orbiter range, and the angle 6 (Fig. 8) 
are plotted vs the elevation angle y for the 5OOO- and 
2OOO-km orbits in Fig. 19. Figure 20 shows elevation 
angle vs time past arrival for the 5OOO-km orbit and the 
nominal 1975 approach conditions. 
Optimum transmission policies for these two orbits 
have been developed using the method outlined in Sec- 
tion 6.1.4. It is assumed that the satellite has an antenna 
pointed at the planet center with a cosine-squared radia- 
tion pattern. The angle off axis for the orbiter antenna, 
8, for a given elevation angle has been shown in Fig. 19. 
In Case A the lander has a similar antenna whose gain 
is proportional to cos’ (90-7). Case B will treat a lander 
with an ideal turnstile over ground plane at height 
0 . 3 5 ~  where A is the wavelength, and Case C an ideal 
turnstile over ground plane at height 0 . 4 5 ~ .  Cases A, B, 
and C have progressively wider radiation patterns on the 
ground antennas. Figure 21 shows the radiation pattern 
of the transmitting antenna for Cases A, B, and C. Op- 
timization of the transmission policies has been carried 
out using Eq. (2) and assuming the communications 
parameters listed in Table 2 and the bit-rate vs range 
plot of Fig. 1. Recall the Eq. (2) assumed that bit rate is 
proportional to lowest received power. The results of the 
calculations for the two orbits under consideration are 
given in Table 10 assuming the transmitter power is 10 w. 
Several general properties of the optimum lander- 
orbiter communications policy are revealed in Table 10. 
Note, the view fraction tends to become larger for higher 
altitude orbits. At the same time, the communication 
range becomes larger resulting in lower effective bit-rate 
capability for higher orbits. It can also be seen that the 
general tendency is to transmit over a smaller angle for 
the higher orbits, showing that more directional antennas 
are better. 
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Orbit 
5000 krn circular 
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4000 X 20,000 km 
Fig. 21. Antenna radiation patterns (gain over isotropic, db) 
Table 10. Effective bit rates for 10-w transmitter and 40-deg inclination orbit 
*m G~iIc.1, G~i8) .  
db 
A 50 18 0.096 3.9 7.4 
6 54 19 0.1 18 4.1 7.3 
C 70 22 0.202 2.1 7.1 
A 43 25 0.023 5.1 6.9 
6 51 29 0.038 4.5 6.6 
C 65 35 0.084 3.6 6.0 
A 41 5.5 0.099 5.3 7.7 
B 48 6.2 0.1 24 4.6 7.7 
C 68 7.8 0.21 2 2.8 7.7 
8 . d ~  v(y=90-$*)  db 
deg 
Case 
i r d  max, 
5800 
5950 
6Ooo 
2360 
2560 
2990 
20700 
21,000 
21,900 
28,900 
28300 
12,300 
2 10.000 
143,000 
72,900 
3470 
2930 
1430 
~ 
2780 
3340 
2480 
4830 
5450 
61 20 
343 
364 
304 
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Direct link 
lander 
100 
Conversely, lower altitude orbits would need broader 
beam antennas and transmission over a larger angle. 
Relay link 
5000 km, 40-deg inclined circular orbit 
lander Satellite 
10 35 
It is interesting to note that the effective bit rates for 
a given orbit are nearly equal when the antennas are 
used optimally. Suboptimal use degrades the results con- 
siderably. Had the cosine-squared antenna of Case A and 
the 5000-km orbit, for instance, been used to transmit 
down to 20 deg off the horizon (# = 70 deg), then its 
effective bit rate is only 1200 bits/sec. 
bits/sec. Note, for this direct link to have the same effec- 
tive information rate as the 5OOO-km orbit relay link cited 
earlier, it must have a transmitter power of 100 W. The 
comparison is shown in Table 11. Note further, that an 
effective bit-rate of 3340 bits/sec is enough to return the 
needed data over the time of the mission. Table 12 
shows the effective information rates and total accumu- 
lated bits over 6 mo for equal Mars-to-Earth S-band 
power for the direct and relay links. 
I 
6.2.1.1 .I .2 4ooo- X 20,000-km orbit. An analysis similar 
to the one mentioned has been run on an elliptical orbit. 
This orbit has the following elements: 
a 15,380 lan 
e O S 2  
i 30deg 
-90deg 
h, 4000krn 
ha 20,oookm 
periapsis 30"s latitude 
Using the three antennas of Cases A, B, and C mentioned, 
an optimization was made; the results are given in 
Table 10. 
6.2.1.1.2 Orbiter-to-Earth. The set of orbits chosen have 
the property that line-of-sight communications with the 
Earth can be maintained continuously for at least several 
days after injection. Therefore, the viewing fraction for 
all of these is unity and the effective orbiter-to-Earth 
information rate is the same as the instantaneous infor- 
mation rate. The range is about 350 million km. Assuming 
that the transmission system on board the satellite has the 
parameters shown in Table 3 and a 50-w transmitter, 
the information rate (from Fig. 2) is 4800 bits/sec. Note, 
for a 5000-km circular orbit around Mars (Table lo), the 
lander-orbiter and the orbiter-Earth effective information 
rates are matches if the lander has a 10-w transmitter 
and the satellite has a 35-w transmitter. 
6.2.1.2 Direct link. The direct link range and viewing 
characteristics have been discussed in Section 4.2, where 
a lander at 10" North latitude may view the Earth for 
approximately 8.4 hr per Martian day, or one-third of the 
time. The Earth-Mars range is about 350 million km. 
Assuming that the lander antenna transmission system 
has the same parameters as those of Table 3, then the 
effective information rate for a 50-w transmitter is 1600 
Table 12. Effective information rates and total bits 
for 35-w S-band transmitters 
System Bit-rate, bitrlrec Total bits 
1.7 X 10" 
5.2 X 10" 
Direct link 
Relay link: 5000-km circular orbit 
(1  0 - w  transmitter on lander) 
6.2.2 Expected Cumulative Bit Calculations 
In this section, two derivations of the average amount 
of information expected from a mission will be given, 
numerical results will be shown, and the particular solu- 
tions of Table 12 will be treated. 
Because, in Section 5, time-dependent reliability func- 
tions of both the direct link and relay link configurations 
were found, it is now possible to use them to derive the 
average total bits expected over missions of fixed duration. 
6.2.2.1 Derivation of i (T) .  From Section 5, R(t) was 
found to have the general shape of Fig. 22. Recall that 
R(t )  represents the probability that the system will work 
properly to time t. From the definition of R(t  + At), the 
difference, R(t )  - R(t  - At) ,  represents the probability 
that the system will fail in the interval, t to t + At ,  Let- 
ting At approach 0, and taking the limit, -R( t )  is ob- 
tained. Therefore, the probability that the systems will 
fail during the time interval dt is -R(t)  and this function 
is shown in Fig. 23. 
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term represents the information obtained from that per- 
centage of the systems that work for the length of the 
mission. Not given in the expression is the average infor- 
mation obtained from the systems that fail before time to, 
because they accrue no information at all. This equation 
can be reduced to: 
F(T) = i, 1: R(t) dt for T > t o  (5)  
= O  for T 5 to 
Another argument that yields the results of Eq. (5) 
follows. The expected increase in information between 
t and t + dt is diwhere: 
d i  = i, dt R( t )  for to 5 t 5 T 
= o  elsewhere 
In other words, the expected increase of cumulative bits 
is equivalent to the bit rate, times the increment of time 
over which the system transmits at this bit.rate, times 
the probability that the system is working at this time. 
Solving for I: 
I t 
Fig. 22. Typical reliability functions 
i ( T )  = 1: di 
0 '0 r 
t 
i Fig. 23. Typical failure density function 
The average information expected from a system trans- 
mitting data at a fixed rate of I, is: 
i ( T )  = i, /I: R(t) d t ,  for T > to 
for T 2 to = 0, 
Note, as T-oc, ?(T)+E[I], where E [I] is the statis- 
tical expectation of information returned by a system 
allowed to transmit until failure. 
6.2.2.2 Results. For every set of model parameters 
studied in Section 5, the normalized average information, 
?(T)/ i ,  was computed. Results can be found in Appen- 
dix C. Note, T(T) is normalized for effective information 
rate given in bits/hr. To get for a 6-mo mission, merely 
in 6 mo by the effective bit rate in bitdhr. 
(t - to) (- &t)) dt 
I 
4- l" i, (T - to) (- k(t)) dt for t > to (4) ' = 0 for t  <to multiply the value corresponding to average accrued bits 
t = 0 represents mission start 
t = to represents beginning of surface data accumulation 
t = T represents total mission time 
Figure 24 depicts results given in Tables C-1 and C-2. 
With everything else equal, this figure shows the effect 
of the trip time On the average information returned. 
Although the absolute sizes of the expected information 
decreases with increasing flight times, it can be noted 
that the ratio of expected information between the direct 
link and relay link systems favors the direct link approach 
as flight times are lengthened. 
The first term on the right side of the equation represents 
the average information obtained from that percentage of 
the systems that fail between to and time T .  The second 
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Fig. 24. Normalized expected information from N day 
surface mission: (a) for 200 day trajectory, 
(b) for 400 day trajectory 
Another interesting result of the analysis is obtained 
from manipulating Eq. (5 ) .  From the discussion in Sec- 
tion 6.1.4, it can be said that i, for the relay link will not 
go beyond i, for the direct link by more than a factor 
of three for equal Mars-to-Earth radiated powers. Now 
the average information expected from a direct link mis- 
sion can be equated to that expected from a relay link 
mission whose effective bit rate is n times that of the 
direct link. In this manner the minimum reliability func- 
tion for the direct link high-gain antenna can be obtained. 
If the high-gain antenna designer can assure that its 
reliability function exceeds this lowest value that will be 
found, then the direct link will always yield a greater 
expectation of total bits than the relay link. From Eq. (5 ) :  
where: 
Equating i ( T ) ,  to f ( T ) ,  yields: 
or : 
n n / ' [ ~ ( t ) ~ ,  - n ~ ( t ) , ]  d t = o 
The only condition under which this expression holds 
for all T > t, is for: 
t o  
= 
NOW, if the time dependent reliability function for the 
direct link system is separated into two parts, R,,c;(t), 
which is the time dependznt reliability function of the 
high-gain antenna, and R(t)n, which is the reliability 
function of the direct link system excluding the high- 
gain antenna : 
This relationship is shown in Fig. 25 for 200- and 400-day 
trajectories. The middle curve of these two plots repre- 
sents the smallest reliability function to which the high- 
gain antenna must be designed to make the direct link 
mission more favorable whenever both systems' effective 
bit rates are equal, Le., n = 1. The upper curve repre- 
sents this minimum function when n = 3, and the lower 
for n = Vi. From the results of Section 6.1.4 it seems un- 
likely that n will be less than W; therefore, the direct link 
mission should not be considered if a high-gain antenna 
system cannot be made more reliable than the lower 
curve. If the high-gain antenna system reliability func- 
tion falls anywhere within the shaded areas of Fig. 25, 
then further refinement of the relative effective bit rates 
is necessary before a conclusion can be drawn as to 
which mission is mort? favorable, based on expected infor- 
mation. One further comment is in order about Fig. 25. 
Because the reliability of the high-gain antenna system 
must exceed unity for the direct link to be the more 
favorable over certain surface mission times (all missions 
less than 208 days in the surface for a 200-day trajectory), 
this shows that missions of less than 7 mo should use the 
relay link approach to get more average total informa- 
tion. For surface missions greater than 7 mo, the direct 
link mission should be advocated whenever the high-gain 
antenna system reliability is shown to go beyond the 
upper curve. 
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6.2.2.3 Sample calculations. Section 6.2.1 has given 
effective bit rates for a sample direct link system and 
three sample relay link systems (Tables 10 and 12). 
Tables C-1 and C-2 have given results of the expected 
cumulative bit calculations and these are repeated in 
Fig. 24. From these various data it is possible to calcu- 
late expected total information for several sample systems. 
Recall that the information in Fig. 24 is based on the 
assumption that the S-band amplifier on board the orbiter 
and the direct link lander are, from a reliability stand- 
point, identical. (The multiplier, p, = 1.) Effective infor- 
mation rates for the direct link and a 5OOO-km circular 
orbit relay link using a 35-w, S-band transmitter are 
1110 bits/sec (4.0 X lo6 bits/hr) and 3340 bits/sec 
(12 X lo6 bits/hr), respectively. The effective informa- 
tion rate for the relay link having a 20,OOO-km elliptic 
orbit is 364 bits/sec (1.27 X 106 bits/hr) for S-band 
Mars-Earth radiated power greater than 4 w. It should 
be noted that the information capacity of a 10-w relay 
link lander can be handled by the orbiter with only 4 w 
radiated power for this particular orbit. If higher power 
is used, the remaining capacity would most likely be 
filled with orbiter science data. 
The expected cumulative bits and the total bits (reli- 
ability not included) for a 6-mo mission for these three 
systems is given in Table 13 for 200- and m - d a y  transit 
trajectories and the following assumptions: 
1. The reliability of the direct link high-gain antenna 
is 0.75 and time independent. 
2. With the exception of the high-gain antenna and 
parts of the telecommunication subsystem, the relay 
lander is identical to the direct lander from a reli- 
ability standpoint. 
Table 13. Expected cumulative lander bits over 6-mo 
mission using 35-w S-band Mars-Earth transmitter 
Direct link, Relay link, Relay link, 
Mission high-gain antenna 5000 km 4000 X 20,000 1 reliability=0.75 1 circular' 1 km' I 
5.1 X 10' 
400-day transit 3.3 x lo' 
Total bitsb 1.7 X 10" 
a10 w lander radiated power. 
bPerfect reliability. 
6.2.3 Storage Requirements 
6.2.3.1 Relay link. The length and spacing of the 
lander-orbiter viewing times have been mentioned in 
Section 4.1.2.3. These two quantities fix the data storage 
requirements for both the landed capsule and the satellite. 
If the system has a viewing fraction u and an average 
time between sightings T, then the fraction of time out of 
sight is (1-u) and the average amount of data stored at 
the beginning of a sighting is approximately ?(l-v) i, 
where i, is the rate of data collection. The maximum 
data collection rate i, is equal to the effective bit rate i,, 
but it seems likely that information would be gathered 
at a somewhat lesser rate to assure complete return of 
all data. 
Unfortunately, a closed analytic expression for the 
quantity T has not yet been found, but average storage 
requirements for the example systems can be produced. 
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Figure 20 has shown the time history of the elevation 
angle for the 5OoO-km orbit, and Table 10 has shown 
that the Case B antenna can transfer an average of 
3340 bits/sec by starting transmission at 36 deg off the 
horizon. Assuming the lander collects data at a constant 
rate of 3OOO bits/sec, the status of the storage unit for 
the first 10 days can be derived from Fig. 20 noting 
that the unit is discharged at 28,300 bits/sec (Table 10 
and 10-w transmitter) when the satellite is above the 
minimum elevation angle. 
The initial condition of the storage unit is the subject 
of some question. It seems likely that by 1975 atmos- 
pheric entry data will no longer be needed, but there 
may be some descent television system storing rather 
than immediately transmitting the pictures. If, for in- 
stance, ten pictures were taken before landing, the initial 
complement of data would be in the order of lo8 bits. 
Figure 26 shows the time history of the status of the 
storage unit assuming no initial data and lo8 bits for 
the nominal 5O0O-km circular orbit. Note that the most 
data stored for both is 2.65 X lo8 bits. 
The storage requirements for the satellite are similar 
to those of the relay lander. Here the storage unit is 
discharged rather than charged at a constant rate with 
occasional inputs of data. Therefore, its time history is 
more or less the inverse of Fig. 26a. 
The 4000- X 20,000-km orbit has not been treated in 
detail because of its low effective bit rate. Figure 27 
shows, however, that the mean time T is roughly four 
times greater than that for the 5000-km orbit. 
6.2.3.2 Direct link. The storage necessary for the direct 
link can be calculated immediately. The relatiqn for the 
stored data at the start of transmission, T( 1-0) I,, can be 
used because is just the time of the planet in rotation. 
Assuming that i, = 3000 bits/sec and u = Yj (Section 4.2), 
then the necessary capacity is about 1.8 X los bits. 
TIME PAST INJECTION, days 
Fig. 27. Elevation angle vs time for 4000 X 20,000 lon elliptic orbit 
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7. CONCLUSIONS 
The following general conclusions can be drawn in 
terms of the three comparison parameters: effective bit 
rate, reliability, and expected cumulative bits. For equal 
radiated power to the Earth, the relay link has about 
three times the data retrieval capability of the direct link. 
The reliability of the relay link system is always lower 
than the direct link, and is twice as likely to fail within 
the 6-mo mission as the direct link. However, the in- 
creased data rate of the relay link causes the expected 
number of bits recoverable from the relay link to be 
higher than the direct link. But, this difference is negli- 
gible when the accuracy of the data u5ed to produce 
the answers is considered. Therefore, the relay link is 
better (by a factor of three) in absolute data rate capa- 
bility; worse by (at most) a factor of two in reliability, 
and within a factor of two in terms of expected cumu- 
lative bits. Thus, neither data retrieval approach shows 
a clear advantage in terms of the comparison parameters. 
Several observations specific to the relay link may be 
made. The lander transmitter power needed to saturate 
the orbiter-Earth leg is only 10 w for a 500O-km altitude 
orbit dictated by the present contamination constraint; 
it is clear that there is no degradation suffered in the 
relay link potential due to this constraint. There is no 
reason to seek a lower altitude orbit because the orbiter- 
Earth leg cannot handle the added bit-rate capability. 
The major constraint on the data retrieval capability 
of the relay link is the orbiter-Earth communications. 
If the problems inherent in the orbiter-Earth communi- 
cations are solved, some of the problems of the direct 
link are also solved. The main areas in common are the 
pointing of an extremely directional high-gain antenna 
and the construction of long-life, high-power, S-band 
transmitters. 
The effect of departing from an optimum communica- 
tion orbit on the relay link data-rate capability can also 
be seen. Section 6.2.1 shows that the selection of an orbit 
to meet some science requirements (4000- X 20,000-km 
altitude) decreases the lander-orbiter data-rate capabil- 
ity by almost a factor of ten. This is not as serious as 
it might first seem because some data-rate capability 
must be forfeited for the orbiter science data. One might 
think of raising the lander transmitter power but, unless 
one is considering a VHF transmitter on the order of 
100 w, the goal of 10"' bits of lander data must be set 
aside. 
Interesting and important results have been obtained 
in the area of optimizing the use of antenna beam pat- 
terns. Table 10 shows that, contrary to intuition, it is not 
generally best to transmit over as large an angle as pos- 
sible. Rather, the transmission policy is dependent on the 
beam shape of the lander and orbiter antennas and the 
elements of the orbit. The general results of Section 6.2.1.1 
may be applied to any given pattern, or may be used to 
derive wanted pattern shape. 
It is also seen that the longer flight time associated 
with the Type I1 trajectories penalize the success proba- 
bility of the relay link mission more harshly than the 
direct link mission. This is true because more compo- 
nents are needed for the relay link communications sys- 
tem to operate successfully. This larger failure potential 
must be weighed against the uncertainty in the ability 
of the direct link lander to operate in the relatively 
unknown Mars surface environment. 
Preliminary calculations show that the storage unit bit 
requirements are about the same for both the relay and 
direct links and are on the order of 3 X 10' bits for a 
mission objective of 10"' bits. The size of the storage unit 
scales directly with the wanted total bits for a given 
length mission. 
In summary, no definitive conclusion can be drawn 
between the direct and relay links when using the stan- 
dards of effective bit rate, reliability, and expected cumu- 
lative bits. Therefore, the decision should be made on 
different and, possibly, more pertinent considerations. 
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I APPENDIX A 
Background Mathematics 
t 
A.1 INDEPENDENT EVENTS where Pr ( D )  = probability that the first subsystem works 
properly over the time gap 
Let A and B represent the successful operation of two 
subsystems that are physically and functionally inde- 
pendent over a given time gap. The probability (Pr )  that 
both subsystems operate successfully over the time gap 
is given by: 
Pr ( E )  = probability that the second subsystem 
works properly over the time gap 
Pr ( D )  Pr ( E )  = probability that both will work 
properly over the time gap (Section A.1). Pr (A and B )  = Pr (A) X PT ( B )  (A-1) 
where Pr (A) is the probability that the first subsystem 
works Properly and pr ( B )  is the Probability that the 
Equation (A-3) holds whenever both subsystems are 
vated at the outset of the mission. If &e redundant sub- 
system is activated only on failure of the primary, the 
expression is obtained through a technique calling for 
the integration of their failure density functions and con- 
sideration of the presence of failure detection and switch- 
ing circuitry. Usually, where redundancy techniques are 
used in this analysis, they will be of the first type. 
second subsystem works properly. 
A.2 DEPENDENT EVENTS 
If C ,  and C ,  represent the successful operation of two 
subsystems over a given time gap, and if these subsystems 
are interdependent, then 
Pr ( C ,  and C ,  ) = Pr ( C , )  X Pr (CJC,) (A-2) A.4 RELIABILITY MODELS 
I 
where Pr (C , )  is the probability that the first subsystem 
works properly over the time gap and Pr (C,/C,) is the 
probability that the second subsystem works properly 
over the time gap, if the first subsystem has worked 
properly over the same time gap. If the second subsystem 
has the same components as the first, Pr (C,/C,) is unity. 
The reliability models used in this analysis come from 
two basic probability distributions. One is the exponential 
distribution that is used to represent the reliability model 
of electronic components; the other is the binomial dis- 
tribution that is used to represent the reliability model of 
short time mechanical and chemical devices. 
A.4. J Exponential Reliability Model 
If an electric component is known to have a failure 
density function of ,ie-kt, then the probability that the 
component will not fail between t = 0 and t = t ,  is: 
A.3 REDUNDANCY 
If several subsystems are designed so they are function- 
ally redundant in a given spacecraft system, the space- 
craft will work successfully as long as at least one of the 
sets of functionally redundant subsystems continues to 
operate successfully. Let D and E represent the successful 
operation of two redundant, but independent, subsystems. 
Then the probability that at least one of the subsystems 
, 
R(t , )  = 1 - h exp(-At) dt Lt' 
will work properly is given by: = exp( -,it,) ( A 4  
P r  ( D  or E )  = P r  ( D )  + Pr ( E )  - Pr ( D )  Pr ( E )  Parameters p and a have been introduced (Sections 
5.2.4.1 and 5.2.4.2) to modify the failure rate A in the (A-3) 
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stored and energized modes, respectively. If the time a 
component is energized is tE and the time stored ts where 
ts + tE = t,, then the application of a and p changes 
Eq. (A-4) to: 
B.l INTRODUCTION 
A.4.2 Binominul Reliability Model 
A component obeying the binomial probability law will 
work properly with some probability p, where: 0 5 p 5 1, 
and will fail to work with probability, 1-p. 
1 
l 
A S  CONDITIONAL PROBABILITIES 
If the probability that a component will work at least 
for time ti is R(ti), then the probability that it will work 
for time t, is if it has successfully operated for time tl is: 
APPENDIX B 
Subsystem Reliability Models 
The following sets of functions represent the reliability 
models of the individual subsystems appearing in ,Figs. 12 
and 13. 
The reliability of a time-dependent subsystem can be 
obtained by solving the functions at the time of interest. 
The probability that subsystem X will work through 
Event A is denoted by The times at which the major 
events take place are a function of the trajectory chosen, 
therefore the models are derived for arbitrary event times. 
The time of occurrence of Event A is represented by tA. 
For a given time of occurrence of Event A, the reliability 
of all subsystems that are functions of t., can be obtained. 
The reliability models of the direct link and relay link 
subsystems were obtained from various independent 
sources, and, therefore, the assumptions on which the 
several models are based are not necessarily consistent. 
Because the authors are not familiar with every sub- 
system configuration on board a typical direct link and 
relay link spacecraft, it was necessary to accept these 
models as best estimates of the subsystems. Further 
refinements of subsystem definition for advanced plan- 
etary missions will be made in the future and, later, the 
reliability models used to represent them can be made 
more accurate. 
An IBM 1620 program was used to get numerical 
results from the analysis. The program was written with 
enough flexibility so that any subsystem model thought 
unrepresentative can be removed and a better model put 
in with little effort. 
8.2 BUS AND ORBITER SYSTEMS 
The following models cover all subsystems in the direct 
link flyby bus and the relay link orbiter. Note that numeri- 
cal subscripts 1-7 refer to the subsystems of the direct 
link configuration, and subscripts 51-58 refer to the 
subsystems of the relay link configuration. 
8.2.1 Thermul Control Subsystem 
A passive thermal control subsystem was assumed to 
be ample to meet the advanced planetary mission require- 
ments. Such a passive system, when designed well, should 
be a very reliable device. Therefore, it was assumed (for 
this analysis) that the thermal control system in both the 
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direct link configuration and relay link co&guration was 
perfectly reliable. 
R A l  = 1 &5l = 1 
R B I  = 1 EM51 = 1 
Rc1= 1 R N 5 1  = 1 
R H 5 1  = 1 Rs51 = 1 
R151 = 1 
6.2.2 Electrical Power Subsystem 
The model for a solar photo-voltaic electrical power 
subsystem was taken from Ref. 5, which analyzed the 
Mariner C electrical power (EP) system. 
unit 
Solar panel circuitry 
Power distribution 
38.4 kc CC&S 
Synchronous source transfer 
Local oscillator 
2.4 kc synchronous 
Booster regulator 1 
Switch for booster regulator 2 
Booster regulator 2 
2.4 kc main inverter 
Failure rate, 
times 10"/hr 
29.36 
2.96 
12.42 
4.85 
2.421 
4.49 
16.10 
16.85 
11.44 
8.26 
P A  = exp( -48.25 X ptA)[exp(17.27 X 10" /%A) 
-exp( - 19.69 x ptA) +exp( -2.42 X le6 P A ) ]  
[ e v (  - 16.10 x @ A )  
+exp( -25.11 X ptA)-exp( -41.21 X p tA) ]  
PB2 = same as P,, with tA+ te 
P,, = same as PA,  with tA+ tc 
PH52 = same as PA,  with tA+ t H  
PI52 = same as P,,  with tA+ t, 
PJ52 = same as PA,  with tA+ tJ 
PM5, = same as P,, with tA+ tu 
PN5,  = same as P A ,  with tA+ t N  
P852 = same as PA,  with tA+ t 
8.2.3 Guidance and Attitude Control Subsystem 
subsystem was taken from Ref. 5 (Mariner C). 
The model for a guidance and attitude control (G&AC) 
R(G6AC) = PlP2P3P4P5P,P,P8P,Pl, 
unit Failure rate, times 10-6/hr 
Canopus sensors and electronics 
Canopus gate 
Cone angle update circuits 
Derived rate damping (roll) 
Switch amplifiers and switch (roll) 
Cruise sun sensors and regulator 
Attitude control transformer/ 
rectifier 
Derived rate damping 
(pitch and yaw) 
Switch amplifiers and switch 
(pitch and yaw) 
Valves, nozzles, and gas 
Ea3 = eXp( -91.76 x 
R,93 = exp( -91.76 x 
p t A )  
pts) 
R,, = exp( -91.76 X /Itc) 
RHB3 = exp( -91.76 X p t H )  
Rr,, = exp( -91.76 X ptI) 
fi5, = exp( -91.76 X le6 ptJ)  
RYJ3 = exp( -91.76 X pY) 
R,,, = exp( -91.76 X ptN) 
Rs5, = exp( -91.76 X lo-$ P t )  
24.64 
8.89 
5.71 
1.54 
10.22 
3.68 
1.94 
2.33 
32.81 
0.00 
8.2.4 Central Computer and Sequencer 
Subsystem 
The model for a central computer and sequencer (CC&S) 
subsystem was taken from Ref. 5 (Mariner C). 
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Symbol Unit 
P, CC&S transformer/rectifier 
p, Oscillator 
P ,  1 pps, 25 pps, 1 ppm counter 
P, Magnetic/1000 
P ,  Magnetid2000 
PI; Master time matrix 
P, Driver 
P ,  Relay 
Failure rate 
times 10-'i/hr 
4.60 
7.80 
25.44 
6.33 
8.19 
10.09 
1.70 
0.75 
R,, = exp( -64.90 X lo-'; ptJ 
Ro, = exp( - 64.90 X lo-'; ptH) 
Ro = exp( - 64.90 X lo-'; p k )  
R,,, = exp( -64.90 X lo-'' Pt,,) 
R,,, = exp( - 64.90 X lo-'; pt,) 
R.,,, = exp( - 64.90 X lo-,; atJ) 
E,,, = exp( - 64.90 X lo-" /.ItnI) 
RNs4 = exp( - 64.90 X lo-'; 
R,,, = exp( - 64.90 X lo-" /It) 
0.2.5 Propulsion Subsystem 
The model for a propulsion subsystem was taken from 
Ref. 5 (Mariner C ) .  For this analysis, the propulsion sub- 
system's reliability is degraded only when it is stored. 
If it has not failed during storage, it will work properly 
with probability 1.0 when activated. A failure rate of 
187.00 x lO-';/hr was given in the reference. Therefore: 
P,, = exp( - 187.00 X at,) 
= exp( - 187.00 X lo-'' a t I )  
P,,, = exp( - 187.00 X lo-'; atnl) 
0.2.6 Telecommunications Subsystem 
Besides fulfilling the normal communications require- 
ments for a typical direct link and relay link spacecraft, 
the telecommunication subsystem (in conjunction with the 
Deep Space Network, DSN) is also assumed to back up 
the CC&S. So, where more than one telecommunication 
subsystem appears in the block diagram for a successful 
event (.Figs. 12 and 13), they are not independent. Wher- 
ever this happened, the technique described in Section A.2 
(Appendix A) was applied in the analysis. Whenever the 
same component was found in more than one telecom- 
munications subsystem, its reliability was assumed to be 
unity in all subsystems except for the one serially con- 
nected to the rest of the spacecraft. The model for the 
various telecommunications (T/C) subsystems was ex- 
tracted from a JPL internal document. I 
I 
Failure rate, 
times 1O-"/hr Unit 
Omnidirectional antenna (S-band) 4.0 I 
High-gain antenna (S-band) 
Circulator (S-band) 
Receiver (S-band) 
Command detector and decoder 
Power supply (S-band) 
Power amplifier (S-band) 
Exciter (S-band) 
RF switch 
Diplexer (orbitcr-lander) 
Receiver (orbiter-lander) 
Buffer and storage 
(orbiter-lander) 
Modulator 
Data select switch 
Exciter 2 (S-band) 
Power supply (orbiter-lander) 
Tone generator and power 
amplifier (orbiter-lander) 
Detector (orbiter-lander) 
7.0 I 
2.0 
70.8 
43.7 
5.2 
16.3 
26.4 
2.0 
3.0 
36.4 
157.0 
2.54 
2.0 
26.4 
5.2 
16.3 
16.54 
R.l:, = (PI +- P, - PIP,) P:,P,P:P,; 
= exp( - 190.7 X lo-(; pt.l) [ exp( - 4.0 X lo-'; pt ,) 
+ exp( - 7.0 X IO-(; pt.,) - exp( - 11.0 X pt.,)] 
E B B  1 
Rc, = 1 
RI,,, = (PI + P ,  - PIP,) P:jP,Pr,P,; 
= exp( - 120.7 X Pt, / )  [ exp( - 4.0 X lo-'' p t ~ )  
+ exp( - 7.0 x IO-(; pt,,) - exp( - 11.00 X IO-'; P t r f ) ]  
R,,, = 1 
R J ~  = 1 
RM, ,  = 1 
Rrm = P.iPr, 
= exp [ - 114.5 X lo-' ' p(t \  - - - t , ~ ) ]  
R,,, = exp [ - 114.5 X lo-'' p ( t - t ~ ) ]  
E/+,; = (PI + P, - PIP,) P:,P.,P,P,;P,P, 
= exp( - 164.4 X lo-'; ptf j )  [exp( -4.0 X lo-'' pt\3) 
+exp( -7.0 X lo-" atB) -- exp( ~ 11.0 X lo-'; St , ( )]  
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same as RBG with tB+tc 
v (PI + P ,  - Pip,) P,P,P,P6P,P$9 
v exp( - 166.4 X lo-" p t I )  [exp( -4.0 X 
+ exp( - 7.0 X 
same as RI5, with t+tJ 
same as RI,, with tl+tY 
ptI) 
ptr) - exp( - 11.0 X lo-, pt,)] 
v p l p ~ ~ ~ ~ 6 ~ i p ~ p l ~ ~ l ~ p l ~ ~ l ~ ~ l ~ ~ l ~ ~ l C p l ~ ~ l ~  
exp( - 140.9 X lo-, ptY){  exp [ - 32.5 X 
- (253.1 + 16 .3~)  X 
pt.,. 
a t x ] }  
R S 5 6  = vexp( - 140.9 X 10-Gpt.,,)(exp { - 32.5 X p t  
- (253.1 + 16 .3~)  X [at.,- + p (t - t.)]}) 
0.2.7 Planetary Horizontal Platform Subsystem 
The model for a planetary horizontal platform (PHP) 
subsystem was taken from Ref. 3, which analyzed a 
proposed Vo yager-class mission. 
R ( P H P )  = Pi P ,  P ,  P ,  P ,  
Symbol Unit Failure rate, times 10-'j/hr 
Pi Accelerometer block and associated 
electronics 64.36 
P ,  Computer 196.90 
P ,  Planet tracker 98.80 
P ,  Horizon scanner 62.50 
P ,  Auxiliary star tracker 28.53 
R,,, = exp ( -  451.09 X 
RS5, = exp { - 451.09 X 
ats)  
[at,- + p(t - t ,)]} 
8.3 LANDER SUBSYSTEMS 
The following models cover all subsystems in the direct 
link and relay link landers. Note, numerical subscripts 
21-41 refer to direct link lander subsystems and sub- 
scripts 71-84 refer to the relay link configuration. 
0.3. I Thermul Control Subsystem 
was taken from Ref. 4 (Voyager). 
The model for a lander thermal control (TC) subsystem 
Failure rate, 
times lO-"hr Unit 
Water tank (not used on surface) 
Water boiler (not used on surface) 
Solenoid valves (not used on 
Radioisotope thermoelectric 
0.35 
1.10 
surface) 1.13 
generator heat exchanger 1.10 
Liquid-to- iquid heat exchanger 1.10 
Pump 1.12 
Direct current motor 1.12 
Solenoid valve 1.13 
Solenoid valve 1.13 
Squib valve and guillotine 1.13 
Check valve 0.11 
Intransit radiator (not used on 
surface) 1.10 
Reservoir 0.35 
Modulation valve 1.45 
Direct current motor 1.12 
Temperature sensor 0.15 
Temperature controller 0.47 
Plumbing, fittings, tubing, and 
component surface plates 1.10 
R,,,, = exp( - 13.89 X atu)  (1 + 2.24 X a tu ) [2  exp 
a t D ) ]  ( -  1.13 X lo-'; atu)  - exp ( -  2.26 X 
[exp ( -  1.13 X at,,) 
+ exp ( - 0.11 X 
- exp ( -  1.24 X 
atl,) 
a tu)]  (1 + 2.57 X a t D )  
R,,.,, = (exp { - 3.68 X a tD - 10.21 X 10.'' 
[at,, + P ( t E  - tl,)l}) 
(1  + 2.24 X lo-" [a tu  + p ( t E  - t l ) ) l}  
(2exp { - 1.13 X lo-'' [ato + p ( t E  - t u ) ] }  
- exp { - 2.26 X 10-( '[at l ,  + p ( f E  - t , , )]})  
(exp { - 1.13 X lo-'' [at,,  + P ( t E  - tl,)]} 
+ exp { -  0.11 x IO-'' [ a tu  + p(tfi; - ti,)]} 
- exp { - 1.24 X 
(1 + 2.57 X lo-" [a tu  + p ( t ~  - t,,)]} 
[a tu  + p(tt; - tm)]}) 
R,.,, = same as R,,, with ft: + t , .  
Rc,,  = same as R,,,  with tt. + to 
= same as Ru,, with tu + th- 
RLT1 = same as REZ1 with t E  4 tl, 
Ro71 = same as REZ1 with t E  + to 
RT71 = same as RE,, with tE + t 
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6.3.2 Electrical Power Subsystem 
tem was taken from Ref. 4 (Voyager). 
The model for a lander electrical power (EP) subsys- 
R(EP) = P ,  P ,  P ,  P ,  P ,  
Symbol Unit 
Failure rate, 
times 10-"hr 
PI Radioisotope thermoelectric 
generator 0.28 
P,  Battery charging regulator 2.11 
P ,  Nickel-cadmium battery 0.50 
P ,  Harness, cabling, connectors 1 .oo 
P,  Power conversion and control 1.75 
R,,,, = exp ( -  5.64 X 
RE,, = exp { - 5.64 X [atD + P ( t E  - t D ) ] }  
RF22 = exp { - 5.64 X IO-'' [atD + P ( t F  - t D ) ] }  
RO?, = exp { - 5.64 X 
R,,, = exp ( -  5.64 X lo-'' atK) 
EL,? = exp { - 5.64 X lo-'' [atK 4- p(t1, - t ~ ) ] }  
R,,, = exp { - 5.64 X lo-'' [atK + p( to - t , )]} 
R~~~ = exp { - 5.64 x lo-'' [atg + P(t - t K ) 1 }  
atD) 
[atD + P ( t  - t D ) ] }  
6.3.3 Release Subsystem 
The reliability estimate for a capsule release subsystem 
was taken from Ref. 3, Volume IV, page 316. The compo- 
nents of the release subsystem (RS) are time-independent. 
When energized, they will work properly with the fol- 
lowing probabilities: 
R (  RS)  = P ,  P ,  P ,  P ,  P ,  P ,  P ,  P ,  P ,  
Unit 
Flexible linear shaped charges 
Explosive bolts 
Ball lock bolt 
Mechanical latches 
Marmon clamp 
Spring 
Gas generator 
Cartridge activated device 
"Fly-away" 
ReIiability 
0.98200 
0.99974 
0.99790 
0.97850 
Not available 
0.99160 
0.99435 
0.98900 
0.98188 
6.3.4 Stabilization Subsystem 
The reliability estimate for a capsule stabilization sub- 
system was taken from Ref. 3, Volume IV, page 316. 
When activated, the stabilization subsystem (SS) will 
work properly with the following probability. 
R ( S S )  = P ,  P 2  P:,  
Symbol Unit Reliability 
P ,  Spin rockets 0.99070 
P,  Momentum wheels Not available 
P ,  Attitude control system 0.98430 
Reliability estimates are based on Avco reliability dem- 
onstration tests and the FARADA Handbook (Ref. 6). 
R,),, = 0.9751 
R,, ,  = 0.9751 
6.3.5 Retardation Subsystem 
The reliability estimate for a capsule retardation ( R )  
subsystem was taken from Ref. 4, which analyzed a heat 
shield and parachute retardation technique. All com- 
ponents of the retardation subsystem have a discrete 
probability of working properly when energized. 
R ( R )  = [l-(1- P1P2P;Pi)2] P,P,;P,P,P,P:,P,,P,:, 
[l - (1 - P14)4] PI, 
Unit 
Remote activated batteries (2) 
Arming relays (2) 
Acceleration switches (14) 
Timers (8) 
Trajectory time delay (1) 
Drogue mortar (1) 
Deceleration chute (1) 
In-flight disconnect (1) 
Time delay (1) 
Aft cover explosive bolts (4) 
Deceleration chute explosive 
bolts (4) 
Main parachute (1) 
Swivel (1) 
Reef line cutters (4) 
Cutoff fittings (4) 
Reliability 
0.9980 
0.9999 
0.9980 
0.9990 
0.9999 
0.9990 
0.9990 
0.9990 
0.9999 
0.9990 
0,9990 
0.9990 
0.9999 
0.9999 
0.9999 
Reliability estimates are based on Avco reliability dem- 
onstration tests and the FARADA Handbook (Ref. 6). 
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B.3.6 Surface Orientation Subsystem 5.3.8 Capsule Timer and Sequencer Subsystem 
1 
, 
t 
The reliability estimate for a capsule surface orienta- 
tion (SO) subsystem was taken from Ref. 4. All compo- 
nents of the surface orientation subsystems are time- 
independent. 
The capsule timer and sequencer (CT&S) was assumed 
to consist of the same components as the Mariner C 
central computer and sequencer (CC&S). So, the same 
reliability model as described in Ref. 5 for the Mariner C 
CC&S was picked to represent the CT&S (Section B.2.4). 
RD,, = exp (- 64.90 X atD) 
I Symbol Unit Reliability 
P ,  Impact acceleration-switch (1) 0.9990 
P ,  Arm relay (1) 0.9999 
RE,, = exp { - 64.90 X 
RFZ8 = exp { - 64.90 X 
[atD + p(tE - t D ) ] >  
[atD + p(tF - t D ) ] }  
P ,  Disarm relay (1) 0.9999 R,,, = exp { - 64.90 X le6 C a t D  + p(t - t D ) ] }  
P ,  Mercury switches (3) 
P ,  Motion detectors (3)  
P ,  Time delay (1) 
0.9999 
0.9990 
RK7, = exp ( -  64.90 X 10-6 atK) 
RL78 = exp { - 64.90 X [atg + p(tL - t K ) ] }  0.9999 
P7 Motion and gear train (1) 0.9990 
P ,  Deployment mechanisms (10) 0.9990 
P,,  Tilt bar (1) 0.9999 
P, ,  Harpoons (2) 0.9980 
P , ,  Shaped charges (1) 0.9990 
P ,  Electromechanical activator (1) 0.9990 
P,,  Solid rockets (2) 0.9980 
B.3.7 Data Handling Subsystem 
The lander data handling (DH) subsystem was i assumed to consist of a Mariner C tape recorder and 
real-time data automation system. 
~ 
I Symbol 
R(HD) = P,P, 
Unit Failure rate, times 104/hr 
1 Pl Tape recorder (Mariner C) 187.00 
P ,  Real-time data automation 
system (Mariner C) 537.34 
RTT7 = exp { - 724.34 X le6 [at0 + P(t - t o ) ] }  
R078 = exp { - 64.90 X 
= exp { - 64.90 X 
[atK + p(to - t K ) ] }  
[atK + p(t - t , ) ] }  
5.3.9 Telecommunications Subsystem 
Excluding Antenn as1 
The telecommunications (T/C) subsystem consists of 
components that have a primary communication link and 
components that form a backup FSK S-band link. No 
component in the lander is shared by both the primary 
and backup configurations. The model for the T/C sub- 
systems for the various lander events was taken from an 
internal JPL document. 
Symbol Unit 
Receiver (S-band) 
Capsule command detector 
and decoder 
Circulator (S-band) 
Power amplifier (S-band) 
Exciter (S-band) 
Power supply (S-band) 
Data encoder (Mariner C) 
Diplexer (lander-orbiter) 
Power amplifier (lander-orbiter) 
Exciter (lander-orbiter) 
Power supply (lander-orbiter) 
Receiver (lander-orbiter) 
Failure rate, 
times 10-6/hr 
70.8 
5.2 
2.0 
16.3 
26.4 
5.2 
100.0 
3.0 
16.3 
10.5 
5.2 
36.4 
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R,,, = P I P ,  
R G 3 ,  = Pl P, 
= exp ( -  75.7 X lo-'; a tF)  
= exp { - 75.7 X 
= exp ( -  75.7 X 
[atF + P ( t  - tp)l  
Rog2 = Pi P ,  
ato) 
R T g ,  = Pi P,  
= exp { - 75.7 X [ato + P ( t  - t o ) ]  
R F 3 1  = P:i P,  P, Pi; 
= exp (~ 49.9 X lo-'; at,.) 
R,,, = P, P,  P, Pi; 
Ro,  = P:, P,  P,  PI; P, 
R o i  = P:, P,  P,  Pti P ,  
= exp ( -  49.9 X at,.) 
= exp { - 149.9 X lo-'' [at,  + p(t - t ~ ) ] )  
= exp { - 149.9 X IO-" [at,  + P ( t  - t F ) ]  ) 
Res, = P:, P,  P, Pi; 
= exp ( -  49.9 X lo-'' at,) 
R T 8 4  = P ,  P, P,  Pi; P7 
= exp { - 149.9 X lo-" [ato + P ( t  - t o ) ] }  
Rogo = Pi P,  P:i Pfi 
= exp ( -  83.2 X lo-'; ato) 
R T g o  = PI P,  P ,  P,  
= exp { - 83.2 x lo-'' [ato + P ( t  - t o ) ] }  
= exp [-  (60.3 i -  16.3~)  ato] 
Ro,, = P, P ,  P ,  PI, PI1 Pl? 
Rm, = P ,  P7 P, P!, Pi" P i ,  Pi, 
= exp { - (160.3 + 16.3~) [uto + p(t - t o ) ] )  
8.3. IO Omnidirectional Antenna Subsystem 
The omnidirectional antenna used in the relay link pri- 
mary communication mode and in the direct link and relay 
link lxwkup mode was assumed to havc a discrete proba- 
bility of working. The following prolxihilitics arc used to 
represent the operation of the lander omnidirectional 
antenna whcm it is needed to support an event: E,.,!,, 
R(;,!,, R,,;!,, R ,,,,, E,.;!,, These reliabilitics assume 
different values, and the effect 011 the ovcrall probability 
of mission success is studied. It was assumed that an 
omnidirectional antenna on board a direct link lander 
was the same as oiic on board a relay link lander even 
though their operating frequencies, and then their phys- 
ical dimensions, may be different. 
0.3.7 I High-Gain Antenna Subsystem 
The high-gain antenna subsystem has been discussed 
in Sections 5.2.4.6. The following functions are used in 
the models to represent the probability of the high-gain 
antenna subsystem surviving impact, erecting, and track- 
ing the Earth: R,.:,,, R(;:{?. 
B.4 DERIVATION OF MISSION EVENT 
PROBABILITIES 
From the block diagrams of Figs. 12 and 13, and the 
probability analysis techniques of Section A. 1 (Appendix 
A), the functions representing the probabilities that the 
mission events will happen may be produced. Note, they 
are expressed in the subsystem reliabilities. This permits 
use of alternate subsystem reliability estimates if new 
information were to become available. 
8.4. I Direct Link Event Probabilities 
Probability of deployment and acquisition (Event A) 
Probability of midcourse trajectory corrections (Event B) 
Probability of lander separation (Events C and D) 
Probability that primary communications link is estab- 
lished (Events C and ,F) 
50 
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i Probability of surface operations (Events C and G) Probability of orbital trim and retro maneuver (Event M j  
B.4.2 Relay Link Event Probabilities 
Probability of deployment and acquisition (Event H) 
P r ( H )  = R t f 5 1 R H j ? R H 5 3  (RHJI + RHj5  - RHjIRHii) 
Probability of midcourse trajectory corrections (Event I) 
Pr(z) = R151Rl52RI.5? (Rl.5.I + R15.5 - Rl54Rlii) Rl56Rl57 
5 1  
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